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11. EXECUTIVE SUMMARY
This report provides an overview of the design, manufacturing, and testing procedures used in the
development of the Utah State University entry in the 2003 Design, Build, and Fly competition.  The
aircraft was designed to complete two of three predefined missions; the “Missile Decoy Mission” (MDM),
the “Sensor Deployment Mission” (SDM), and/or the “Communication Repeater Mission” (CRM).
1.1. Overview of the Design Development
During the conceptual design phase of the development process, energy approximations and Figures
of Merit (FOM), based on mission requirements, were used to identify the two most cost-effective
missions and narrow the range of design parameters to be studied in later design phases.  Over 5,000
aircraft configurations were studied by varying critical design parameters.  Computer code was written to
analyze mission profiles and predict FOM.  Some important conclusions were drawn from the results.
First, the CRM always results in scores that are lower than the SDM or MDM.  Second, there are possible
optimums in battery weight, turn load factor, and aspect ratio.
In the preliminary design phase, more detailed analysis and experimental testing were used to further
investigate potential optimums revealed during conceptual design.  A computer program was written to
iterate through millions of configurations and compute flight times, airspeeds, and Rated Aircraft Cost
(RAC), and total score.  The parameters that were investigated were wing area, wingspan, turn load
factor, number of battery cells, and motor/propeller combinations.  Tests were also performed to get
better estimates for important aircraft parameters.  This analysis and testing verified many of the trends
discovered during conceptual design.  High aspect ratio gave improved mission-effectiveness, despite the
higher RAC.  High load factors were verified to increase mission scores.  In contrast to conceptual design
results, it was found that including more battery cells in the power plant increased the maximum total
score and speed capabilities of the aircraft, despite the higher RAC for increased weight and power.
During the detail design phase, computational aerodynamics, finite element structural analysis,
dynamic stability analysis, mission flight simulation, and additional experimental testing were used to
finalize geometry, component selection, system architecture, and mission performance predictions.  Since
overall score is inversely proportional to the flight time, the performance was enhanced by structural
analysis and testing to produce an airplane that could perform high-g turns.  The lift-to-drag ratio was also
an area of focus and was dramatically improved by the use of full-span twisting flaps.  Additional analysis
and testing also aided in power plant selection and performance prediction.  The final result was a stable,
high-performance aircraft, which is quick to assemble and should score well.
1.2. Design Alternatives Investigated
Many different aircraft configurations and individual components were considered and evaluated.
Three general aircraft configurations were examined early in the design process.  These were the
conventional aft tail, V-tail, and canard configurations. The conventional tail configuration was chosen
based on takeoff, mission effectiveness, and RAC. The dimensions of the payload required a teardrop
shaped fuselage instead of a lifting body.  Retractable landing gear with brakes were chosen over fixed
gear. To accommodate the gear, a low wing, instead of mid or high wing was chosen.  The wing was
constructed of a foam core and carbon fiber spar covered with balsa, after considering both a foam core
with a composite skin and a balsa build-up method.  This choice was based on manufacturability and
weight constraints.  Two antenna mount configurations were considered for the MDM.  Based on trim
considerations, a top mount was chosen over a bottom mount.  One and two-motor designs were
analyzed, resulting in a single-motor solution.  An air cooling system was chosen, because tests showed
2that complex liquid cooling is not beneficial.  Two battery types were also considered, 36-cell, 2400-mAhr
and 48-cell, 1700-mAhr packs.  The latter was chosen based on power versus total energy tradeoffs.
1.3. Highlights of the Development Process
Since the design competition rules only allow two of the three missions to count toward the final team
score, it was important to identify the two most cost-effective missions.  By creating energy models for all
three missions and comparing the resulting scores for thousands of different aircraft configurations, it was
discovered that the CRM always generates the lowest scores.  Therefore, design efforts were directed
toward optimizing an aircraft for the MDM and SDM.
Antenna drag in the MDM was found to have a very significant effect on mission performance.  Thus,
a full-scale PVC model of the antenna was built and tested in a wind tunnel to obtain an improved
estimate for the antenna drag coefficient.  Results from this test indicate antenna drag that is 67% higher
than that predicted by the relation for finite cylinders presented by White (1999).  The measured value
was used in all subsequent optimization studies, so that more realistic results would be obtained.
It was found in past years that manufacturer-published efficiency for DC motors does not match the
realized efficiency.  For the power plants tested, it was found that motor efficiency was at best 70%,
whereas manufacturer’s published values were 78-80%.  Measured battery resistance per cell was found
to be 0.015 ohms, compared with a published value of 0.005 ohms.  Measured values were used for
analysis.
During preliminary design, an effort was made to verify results found in conceptual design dealing
with the possibility of an optimum wing aspect ratio.  The analysis software written partly for this purpose
iterated on different combinations of wing area and wingspan.  It was found that an aspect ratio of
approximately 11 produced the best mission scores, in spite of the increased RAC.
The effect of maximum load factor in the turns was studied during the conceptual and preliminary
design phases.  Conceptual design revealed a trend for increasing score with increasing load factor.  This
was verified using methods developed for preliminary design.  A design load factor of 7 was found to be a
near optimum solution based on the tradeoff between wing weight and mission flight times.
A static stability analysis was performed to optimize the size and placement of the tail surfaces on the
aircraft.  Optimum placement of the tail was found to be relatively close to the wing.  Another advantage
of the short tail was that it made possible a one-piece fuselage that is the length of the 4-ft long box.
Overall score increases with decreased aircraft assembly time. Thus, speed and ease of assembly are of
high merit and out of the box assembly is greatly simplified with a one-piece fuselage design.
Full-span twisting flaps called twisterons, Phillips, Alley, and Goodrich, (2003) were introduced on the
aircraft.  Twisterons are flaps used to produce variable aerodynamic washout. This reduces induced drag
and overall pitching moment produced by the wing.  The use of twisterons instead of ailerons and flaps
showed improvements in the lift-to-drag ratio of 10 to 20%, in some mission phases.  This significantly
decreased mission flight times and increased mission effectiveness as measured by total score.
In order to characterize the handling qualities of the aircraft more accurately, a complete dynamic
stability analysis was performed.  All calculations included the contribution of the propeller and fuselage to
the stability derivatives.  It was found that the aircraft had divergent spiral and phugoid modes.  The spiral
mode had a short doubling time of about 2.5 seconds on takeoff.  This was initially a concern, but it was
decided that a pilot in visual reference flight should be able to easily handle the aircraft.  However, the
dynamic stability analysis revealed possible problems with the sizing of the vertical stabilizer.  The chosen
solution was a vertical surface that could be modified during the flight-testing phase of development.
32. MANAGEMENT SUMMARY
The Utah State University design team for this year’s competition is composed of eleven Mechanical
and Aerospace Engineering students.  In order to efficiently utilize the teams various skills and produce a
quality aircraft on time, an effective management plan was devised.
2.1. Architecture of the Design Team
In order to ensure that each design task was accomplished and that the workload was distributed as
evenly as possible among the team members, the team was divided into three sub-groups;
aerodynamics, propulsion, and structures.  The aerodynamics team was responsible for generating the
aerodynamic models and iterating through various aircraft configurations to be studied.  They were also
responsible for the stability and control analysis of the aircraft.  The propulsion team was responsible for
investigating possible motor/battery/propeller combinations.  They also studied the effects of battery
resistance and motor heating on power plant performance.  The structures team was charged with the
structural design and analysis of the aircraft.  This included the structural testing and finite element
analysis of the major aircraft components.
A project manager was chosen along with three sub-team leaders.  The project manager addressed
concerns that affected the team as a whole and was responsible for making sure the team stayed on
schedule.  The sub-team leaders were responsible for delegating work to their team members.  Three
other team members were chosen to keep track of the team’s budget, order necessary materials and
testing equipment, and arrange the shipping and travel accommodations for the competition.  Table 2.1.1
lists the design personnel and their assignment areas.
Project manager: Nick Alley
Treasurer: Mark Anderson;    Procurement: Tristan Young;    Logistics: Mike Oksness
Aerodynamics
Leader: Wayne Goodrich
Propulsion
Leader: Nate Bunderson
Structures
Leader: Adam Spinner
Mark Anderson
Kyle Barton
Mike Oksness
Mike Oksness
Underclassmen
Tristan Young
Nick Alley
Underclassmen
Table 2.1.1. Team architecture, design personnel and their assignment areas.
Table 2.1.2 shows how each team member was involved in the design, analysis, and construction of
the airplane.  A rating of 5 indicates that 100% of that team member’s work time was devoted to the given
phase and a 0 indicates no involvement.
2.2. Configuration and Schedule Control
Early in the design process, the team identified the major design milestones and the dates by which
they were to be achieved (see Fig. 2.2.1).   Each week thereafter the team met with faculty advisor Dr.
W.F. Phillips to discuss the progress and setbacks of the previous week and set goals for the following
week.  At other times during the week the sub-teams met individually to discuss design goals or to work
on tasks as a group.
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3. Conceptual Design
  3.1 Mission Requirements 1 5 5 0 5 5 0 0 1
  3.2 Study of Aircraft Requirements 1 5 5 0 5 5 0 0 1
  3.3 Screening of Numerical FOM 0 5 5 0 5 5 0 0 1
  3.4 Mission Modeling and Analysis 5 5 5 0 5 5 0 0 0
    3.3.1-3 Aircraft Weight and Drag 5 5 5 0 5 5 0 0 0
    3.3.4-5 Takeoff, Climb, Steady-Level Flight 5 5 5 0 5 5 0 0 0
    3.3.6-7 Turning, Descent, and Landing 5 5 5 0 5 5 0 0 0
    3.3.8    Uncertainty 0 0 5 0 0 0 0 0 0
4. Preliminary Design
  4.1 Study of Design Parameter and Sizing Trades 1 5 5 1 5 5 4 0 1
  4.2 Improved Mission Modeling and Optimization 1 5 5 5 5 5 0 0 1
    4.2.2-5   Weight, Drag, Lift and Thrust Estimation 1 5 5 5 5 5 0 0 1
    4.2.6      Stability Analysis 1 5 5 0 5 5 0 0 1
    4.2.7-10 Takeoff, Landing, Turning, Flight Analysis 0 5 5 0 5 5 0 0 1
5. Final Design
  5.2 Component Selection/System Architecture 2 5 5 5 5 3 5 0 5
    5.2.1 Main Wing (Airfoil, Twisterons, Flaps) 0 5 1 0 5 1 0 0 0
    5.2.2 Stability and Control Surface Sizing 1 1 5 0 5 0 0 0 0
    5.2.3 Propulsion (Motor/Battery/Prop Tests) 0 0 0 5 0 2 0 0 5
    5.2.4 Structural Design 2 0 0 0 0 0 5 5 0
    5.2.5 Payload Support and Deployment 2 0 0 0 0 2 5 5 0
  5.3 Final Aircraft Specifications 0 5 5 3 5 5 5 5 0
    5.3.1-3 Aircraft Geometry/Weight and Balance 0 5 5 3 5 5 5 5 0
  5.4 Final Aircraft performance Analysis 0 5 5 3 5 5 0 0 1
    5.4.1 Aerodynamic Coefficients and Derivatives 0 0 0 0 5 5 0 0 0
    5.4.2 Static Stability 0 5 5 0 2 5 0 0 0
    5.4.3 Dynamic Stability 0 0 1 0 5 5 0 0 0
    5.4.1 Predicted Mission Performance 0 5 5 4 5 5 0 0 1
A. Documentation of Design
  A.1 Journal 1 5 5 4 2 2 2 2 1
  A.2 Letter of Intent 0 0 0 0 5 0 0 0 0
  A.3 Final Report 3 5 5 5 5 0 0 5 2
6. Manufacturing
  6.2 Manufacturing Process Detail 5 0 1 0 0 0 5 5 0
  6.3 Manufacturing Processes Selection 5 0 1 0 0 0 5 5 0
  6.3 Detail Manufacturing Plan 5 0 1 0 0 0 5 5 0
  Final Airplane Construction 5 5 5 5 5 5 5 5 2
B. Drafting Package 0 0 0 0 5 0 5 2 0
Table 2.1.2. List of design personnel and assignment areas.  This table summarizes the major design
phases and each member’s contribution to those phases.  A rating of 5 indicates 100% of
design time devoted to a given phase and a rating of 0 indicates no involvement.
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63. CONCEPTUAL DESIGN
An aircraft was to be designed to complete two of three predefined missions.  The goal for the
conceptual design process was to eliminate one of the three mission sorties and allow a more focused
approach to the design process by narrowing the range of design parameters to be studied in the later
design phases.  Energy approximations were used along with estimated aircraft parameters to determine
the rated aircraft cost and mission flight time, for each aircraft configuration studied.  Figures of merit,
based on mission requirements, made the best missions and aircraft configurations discernable.
3.1. Mission Requirements
The three possible competition missions were named “Missile Decoy”, “Sensor Deployment”, and
“Communications Repeater”.  Each mission flown will be scored using a degree of difficulty factor divided
by the sum of the mission flight time and the aircraft assembly time.  The required mission tasks for each
of these three missions are described below.
3.1.1. Aircraft Storage and Timed Assembly.  It was required that the aircraft be disassembled and
fit into a 4 ft x 2 ft x 1 ft box.  One task in the competition will be the timed assembly.  This assembly will
take place directly from the box and the time required to make the aircraft flight ready will be measured
and recorded.  The assembly time will be added to the flight time for each mission.  This requirement
placed certain limitations on the design of the aircraft.  However, it was decided that consideration of this
requirement would be left for the later phases of design, because the focus of conceptual design was on
choosing the most effective missions and narrowing general aircraft parameters, not on specific aircraft
structure and construction.  An assembly time of 30 seconds was assumed for conceptual design.
3.1.2. Takeoff. For all missions there is a maximum takeoff distance requirement of 120 feet.  The
wheels must be off the runway within this distance.  If the aircraft is unable to meet this constraint, a zero
score will result for that sortie.
3.1.3. Missile Decoy Mission (MDM). For this mission, the aircraft must carry a five-pound rectan-
gular payload, 6 inches in width and height, and 12 inches long.  A simulated cylindrical antenna created
from a 3-inch tall, 6-inch diameter PVC pipe section must be attached to the aircraft and suspended at
least three inches from any other aircraft structure.  The aircraft must fly four laps with a 360-degree turn
on the downwind leg of each lap.  This mission was given a difficulty factor of 2.0.
3.1.4. Sensor Deployment Mission (SDM).  This mission requires the aircraft to carry the same five-
pound payload box as the MDM. The aircraft must land after the second lap, stop completely, remotely
deploy the payload, then takeoff again and complete two more laps.  Each lap has one 360-degree turn
on its downwind leg.  This difficulty factor for this mission is 1.5.
3.1.5. Communication Repeater Mission (CRM).  This mission requires the aircraft to carry the
same five-pound payload box as the MDM, while completing four laps with three 360-degree turns on the
downwind leg of each lap.  A difficulty factor of 1.0 was assigned to this mission.
3.1.6. Aircraft Cost-Effectiveness.  The final competition score will depend on a Rated Aircraft Cost
(RAC), which is a function of the complexity and technology of the design.  It is essential that the RAC be
as low as possible, since the competition score is inversely proportional to RAC.  Rated Aircraft Cost is
discussed further in Sec. 3.3.5.
3.2. Aircraft Configurations Studied
Aircraft design parameters were selected based on experience and general aircraft knowledge.
These were used as a basis for selecting the aircraft configurations studied.  Parameters such as
7empennage configuration, wing design, battery weight and landing gear were considered in the
conceptual design phase.  Initial configuration parameters were analyzed to limit the number of aircraft
configuration to be studied in detail.  The critical configuration parameters were then further analyzed to
optimize the aircraft for each mission.
3.2.1. Initial Configuration Parameters Studied. In order to narrow the range of aircraft configura-
tion parameters to be considered for further study, three different main configurations were investigated in
the initial phase of conceptual design.  These were the conventional aft tail, V-tail, and canard
configurations.  The method of Phillips and Snyder (2000) was used to compare the mission suitability of
the three configurations.  All three aircraft configurations were analyzed using the same weight, speed,
wing area, planform, aspect ratio and fuselage length.  The conventional aircraft configuration was found
to have the most efficient distribution of lift, while the V-tail produced counteracting lift, which decreased
tail performance. The canard’s downwash and upwash on the main wing disrupted the lift distribution,
thereby increasing the shed vorticity and induced drag.  The canard also had a longer takeoff distance.
Based on these results, the conventional configuration was found to have the best overall L/D and a
shorter takeoff distance.  This configuration was chosen for further analysis.
Mission flight time is a major contributor to total score and shorter mission flight times give higher
scores.  This meant that drag minimization was critical.  For this reason, retractable landing gear was
chosen for all aircraft configurations investigated in the critical configuration parameter study.  This
eliminated a major component of drag.
3.2.2. Critical Configuration Parameters Studied. For the purpose of conceptual design, the
aircraft parameters considered to be critical to mission effectiveness were wing area, wingspan, battery
weight, and turn load factor.  Remaining parameters were estimated through functional relations with
these parameters.  Over 5,000 conventional aircraft configurations were studied by varying the critical
parameters within ranges and by increments shown in Table 3.2.1.
Critical Parameter Minimum Maximum Increment
Wing Area, Sw  (ft2) 2 10 1
Wingspan, bw (ft) 4 10 1
Battery Weight, Wb (lbf) 1 5 0.5
Turn Load Factor, nt (g) 2 10 1
Table 3.2.1.  Critical aircraft configuration parameters used for conceptual design.
3.3. Numerical Figures of Merit (FOM) used for Screening
A numerical rating system based on FOM, described below, was developed to evaluate each
aircraft’s performance with respect to critical mission requirements.  For each mission, 30 seconds were
added to the flight time to account for the timed assembly.
3.3.1. Takeoff Distance Rating (TDR).  If the airplane is not able to takeoff within the required
distance of 120 ft, the sortie will be disqualified.  However, there is no significant advantage to shorter
takeoff distances.  For this reason, TDR was defined by the relation
ft) 120  takeoff  estimated if (1.0, or ft) 120  takeoff  estimated if (0.0,TDR <>= (3.3.1)
3.3.2. Missile Decoy Rating (MDR). This FOM reflects the weighted score for the Missile Decoy
Mission. This mission has a difficulty factor of 2.0 and is defined as
8( )sec 30  timeflightmissionestimated2.0MDR += (3.3.2)
3.3.3. Sensor Deployment Rating (SDR).  This FOM was used to rate aircraft effectiveness for the
Sensor Deployment Mission using its difficulty factor of 1.5.  Thus, SDR was
( )sec 30 timeflightmissionestimated1.5SDR += (3.3.3)
3.3.4. Communication Repeater Rating (CRR). Suitability for the Communication Repeater Mission
was rated based on the mission difficulty factor of 1.0, so CRR was defined as
( )sec 30 timeflightmissionestimated1.0CRR +=  (3.3.4)
3.3.5. Rated Aircraft Cost (RAC). This FOM was specified by the contest rules and is used to
estimate the cost of the aircraft based on its components and structures.   The RAC was included both as
a contest requirement and as a method of quantifying the cost of the concepts studied.  It is defined as
( ) 1000MFHR20REP1500MEW100RAC ∗+∗∗ += (3.3.5)
where MEW is the Manufacturers Empty Weight, defined as the actual airframe weight with all flight and
propulsion batteries but without payload; REP is the Rated Engine Power defined by
ight)battery we total 1)]- engines(#0.25[(1  REP (∗∗+=  (3.3.6)
and MFHR is the Manufacturing Man Hours, defined as
)propellers  # engines  # rollersservo/cont (#hr 5surfaces) horizontal (#hr 10
control) with surfaces vertical (#hr 10control) without surfaces vertical (#hr 5
(ft)] lengthbody  [maximumhr 10surfaces) control  wing(#hr 3
(ft)] chord   wingexposed maximum(ft) [wingspan hr 8  MFRH
++∗+∗+
∗+∗+
∗+∗+
+∗=
(3.3.7)
3.3.6. Total Figure of Merit (TFM). The TFM was calculated from the best two mission scores, the
TDR, and the RAC according to the relation
RACCRR)SDR,max2(MDR,TDRTFM ∗= (3.3.8)
where max2 is a function that returns the sum of the largest two of three arguments.
3.3.7. Relation between Mission Requirements and FOM.  Table 3.3.1 describes how the mission
requirements are related to the FOM used for conceptual design.  Note that aircraft storage and timed
assembly were not considered in the conceptual design phase.  It was decided that consideration of this
requirement would be left for the later phases of design.
Mission Requirement FOM
Aircraft Storage and Timed Assembly Not Considered in Conceptual Design
Takeoff TDR
Missile Decoy Mission MDR
Sensor Deployment Mission SDR
Communication Repeater Mission CRR
Aircraft Cost-Effectiveness RAC
Table 3.3.1.  Relation between mission requirements and figures of merit used for conceptual design.
93.4. Mission Modeling and Analysis
In order to analyze each mission, a program was designed from fundamental equations that were
derived to be functions of wing area, wingspan, battery weight, load factor, and payload weight. It was
desired to obtain the FOM for all three missions for a range of these characteristic parameters. Over each
segment of flight, the total energy available was used to determine the maximum flight velocity attainable,
and from this, the time required to complete the mission was estimated.
3.4.1. Total Aircraft Weight. To estimate the weight of the aircraft, every component was assigned a
specific weight and summed into an overall weight.  Where possible, actual components were weighed.
Equations had to be formed for the empennage and main wing weight estimates.  A list of the measured
component weights and equations is listed in Table 3.4.1.
Main Wing Weight. The weight of the main wing was estimated by finding an average wing weight per
area for typical RC aircraft and multiplying by the wing area of the aircraft.
Fuselage Weight.  For the conceptual analysis it was assumed that the entire fuselage would be
constructed out of balsa.  The fuselage was assumed to have 5 cross-sections; 3 in the center section, 1
in the nose, and 1 in the tail.  The nose and tail cross-sections were assumed to be half the diameter of
the center sections.  The skin (outer covering) was assumed to be 1/16 inch thick while the cross-sections
were assumed to be 1/4 inch thick.   The density of the balsa was found to be 10 pounds per cubic foot.
A pound was added for extras, including motor mounts, control rods, epoxy resin, covering, and payload
mounting system.
Landing Gear Weight.  To determine a reasonable weight for landing gear, Robart Mfg. Incorporated
was contacted for weight estimates. For tricycle landing gear rated for a 12-24 pound aircraft, a weight
range of 1.6 to 1.8 lbf was given.  The weight of the three wheels was 0.31 lbf.  A conservative total
weight of the gear was used.
Empennage Weight.  The main purpose of an empennage is to stabilize the forward pitching moment
inherent of any cambered wing.  For this reason the empennage was sized according to the main wing
area.  The 2001 Design Build Fly report was consulted to get a ratio between the weight of the
empennage and the area of the main wing.
Component Weight (lbf)
Motor (lbf) , Wm 0.93
Propeller (lbf), Wp 0.44
Speed Controller (lbf), Wsc 0.12
Servo (lbf/servo), Ws 0.1
Fuselage (lbf) Wf 1.62
Landing Gear (lbf) 1.7
Propulsion Battery (lbf) Input Variable
Receiver (lbf), Wr 0.058
Receiver Battery (lbf) , Wrb 0.31
Cylinder (lbf) Wcyl 1.75
Empennage (lbf), Wemp wemp SftlbfW *)/(*255.0 2=
Main Wing (lbf), Ww ww SftlbfW *)/(*238.0 2=
Table 3.4.1.  Aircraft weight estimates.
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Final Weight Equation.  Assuming a design requiring 5 servos and 1 motor controller, the total weight
of the aircraft was estimated as
 wempcylrbrbsscpm WWWWWWWWWWW +++++++++= 5 (3.4.1)
3.4.2. Parasitic Drag.  As with the weight, the drag of the aircraft depended on its many drag
components.  These components were analyzed and combined into an overall drag equation.  For
conceptual design, the zero-lift drag slope, CDo,.L, was assumed to be zero in all calculations.
Tail Boom Drag. Turbulent, axial flow with no separation was assumed, so the drag associated with
the tail boom was only due to skin friction and was approximated using an equation for drag on a flat
plate.  As depicted in White (1999) the skin friction drag coefficient is defined as
)/(Re031.0 7/1LDotbC =   (3.4.2)
The tail boom length was a function of wing area since the size and location of the empennage
combine to stabilize the main wing.  As the wing area increases, the tail boom must be lengthened for the
aircraft to remain stable.  To find a relation for the tail boom length as a function of wing area another ratio
was developed based on the DBF2001 aircraft.  Using this relation the tail boom length is defined as
wtb SftL *)/1(*627.0= (3.4.3)
This length was used in calculating the Reynolds Number, thus making the drag coefficient for the tail
boom a function of the main wing area.
The equation for tail boom drag was based on the area of a flat plate, so the reference area used to
predict the drag created by the tail boom was its surface area.  To get this surface area another ratio
based on the DBF2001 aircraft was developed in order to find an estimate for the diameter of the tail
boom.  With this ratio, the diameter of the tail boom is defined as
wtb Sftd *)/1(*0147.0= (3.4.4)
  Equations (3.4.2)-(3.4.4) can be combined with the equation for the surface area of a cylinder to give
an area relation based on the wing area.
tbtbtb LdS π= (3.4.5)
Tail Feather Parasitic Drag.  The tail feathers were assumed to have NACA 0009 airfoil cross-
sections, giving them a parasitic drag coefficient of 0.005, according to Abbot and Von Doenhoff (1959).
To estimate the reference planform area, a ratio of the area of the tail feathers to the main wing was
found based on the DBF2001 aircraft. Using this ratio the tail feather area was estimated as
wtf SS *0825.0= (3.4.6)
Main Wing Drag.  For conceptual design purposes, the main wing was assumed to have a NACA
2412 airfoil cross-section.  These airfoils have a parasitic drag coefficient, obtained from Abbot and Von
Doenhoff (1959), of CDow = 0.006. The reference area for this drag coefficient was the planform wing area.
Fuselage Drag. A streamline teardrop shape was chosen for the fuselage in order to accommodate
the payload and operational equipment while creating the least possible amount of drag.  This fuselage
had a parabolic shaped nose, a cylindrical center section, and a parabolic shaped tail.  The center section
was sized to 8.5 inches in diameter and 12 inches long so the rectangular payload would easily fit inside.
The nose and tail sections were sized according to a percentage of the remaining length with the nose
containing 25% and the tail 75%.  The fineness ratio (d / l ) of the complete fuselage was considered to
be the largest diameter of 8.5 inches divided by the total length.
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An empirical equation from Hoerner (1965) was used to estimate the parasitic drag of the fuselage
from the fineness ratio and skin friction coefficient.  It is defined by
( ) ( )( )32/3 /7/5.11 ldldCC fDwet ++=           (3.4.7)
where d is the maximum diameter of the fuselage and l is the total length of the fuselage.   The skin
friction coefficient Cf is defined by Hoerner (1965) to be
( )( ) 64.2407.0log/427.0 −= ef RC   (3.4.8)
For any given diameter there exists a fuselage length that will produce the minimum amount of drag.
With a diameter of 8.5 inches, the minimum drag length was 2.835 feet.
Substituting a Reynolds number based on the length of the fuselage into equation (3.4.8) gave a skin
friction coefficient that was substituted into Eq. (3.4.7) along with the fineness ratio to produce a parasitic
drag coefficient.  When the optimum fineness ratio and a conservative Reynolds number of 2.5x106 was
used, a parasitic drag coefficient of CDof = 0.0049 based on the fuselage surface area was calculated.
Cylinder Drag.  The MDM required the addition of an antenna.  A conservative estimate of CDcyl = 1.0.
The reference area for the cylinder was estimated as the fontal area to be Scyl = 0.375 ft2.
Landing Gear Drag. The drag on the gear is mainly due to pressure drag.  The frontal area of the
struts, Ss, came from detailed drawings on Robart Mfg. Inc.’s website.  The struts have a diameter of 0.5
inches and a length of 5.4 inches. The wheels had a diameter of 3.0 inches and a thickness of 1.0 inch.
The coefficient of drag for the strut was approximated for a finite cylinder with an aspect ratio of 10.  This
was found in White (1999) to be CDos = 0.82 based on frontal area for laminar flow at Reynolds numbers
above 10000.  From Hoerner (1965), the wheels could be approximated as supercritical spheres for their
drag coefficient. This coefficient (based on frontal area) had a value of CDowh = 0.1.
Final Coefficient of Drag Equation.  When the product of all the previous drag coefficients and areas
are summed, the resulting drag coefficient is defined by
w
cylcylwhDowhsDosfDofwDowtfDotftbDotb
Do S
SCSCSCSCSCSCSC
C
++++++
= (3.4.9)
where CDo is the coefficient of drag on takeoff and rotation.  It was important to note that the landing gear
chosen for conceptual design was retractable.  Therefore, during flight, the drag coefficients of the struts
and the wheels were set to zero.  For missions other than the MDM, the cylinder drag is neglected.
3.4.3. Induced Drag. It was decided to estimate the aircraft’s Oswald efficiency factor to predict
induced drag.  For an aircraft with elliptical wings, a conservative approximation for the Oswald efficiency
factor was given by using the span efficiency factor for a rectangular wing with the same planform area
and aspect ratio as the elliptical wing.  Data for the span efficiency factor of a rectangular wing were
computed using a numerical lifting-line method and fit by a least squares polynomial equation.
3.4.4. Takeoff and Accelerated Climb. The total energy required to accelerate from a standing start
to the liftoff velocity was the sum of the change in kinetic energy and the energy dissipated by drag and
rolling friction divided by the efficiency of the power plant.  The equation for takeoff energy used an
approximation that neglects the change in net force with airspeed. All forces were evaluated at 70% of the
liftoff airspeed as recommended by Phillips (2003) for initial estimates for takeoff.
The total energy required to rotate the aircraft to the takeoff angle of attack was the sum of the energy
dissipated by drag and rolling friction divided by the efficiency of the power plant.  The equation for
rotation energy used an approximation that neglected the change in net force with angle of attack.
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The energy required to climb to altitude and accelerate to flight velocity was the sum of the change in
kinetic and potential energy and the energy dissipated by drag divided by an average efficiency of the
power plant between liftoff and cruise velocity.  The drag during accelerated climb was approximated with
the induced drag evaluated at the average lift coefficients of the start and finish velocities.
The ground distance of the accelerated climb (sac) was calculated using an effective net force (Fac)
during transition, which was an average of the thrust available and thrust required at the liftoff (VLO) and
cruise velocities (VC). This relation is found in Phillips (2003) to be defined as
( ))2/()(/ 22 gVVhFWs LOCacac −+= (3.4.10)
where )(5.0 RcAcRLOALOac TTTTF −+−∗= (3.4.11)
)/(*/ cacLOAALO VPT ηη= (3.4.12)
)/(*/ cacCAAc VPT ηη= (3.4.13)
LORLO DT = (3.4.14)
CRc DT = (3.4.15)
TALO, TAc are the thrust available at liftoff and cruise velocity, respectively.  TRLO, TRc, DLO, and DC are the
thrust required and drag at liftoff and cruise velocity, respectively.
The propulsive efficiency ratio, ηac/ηc, was defined to be the ratio of the efficiency at an instantaneous
speed divided by the efficiency at the cruise speed.  The power available (PA) throughout the accelerated
climb was assumed to be the greater of either the power required at the cruise velocity or at takeoff.  The
total time required for the accelerated climb was computed using the average velocity of the climb.
3.4.5. Steady Level Flight. The total energy required for cruising flight was the energy dissipated by
drag divided by the efficiency of the power plant at cruise velocity given by
ffff DsE η/≅ (3.4.16)
where sf  is the flight distance not used in takeoff, climbing, turning, landing or braking over the four laps.
ηf is the efficiency computed at the cruise airspeed.  Df is the induced drag given by
( )AWfLLDoDowDwf ReCCCCSVCSVD f πρρ /2,221221 ++== (3.4.17)
3.4.6. Turning. The total energy required for a steady, level coordinated turn was estimated to be the
energy dissipated by drag divided by the efficiency of the power plant.  The equation is defined by
tttt DsE η/≅ (3.4.18)
where st is the distance the aircraft flies during a 360 degree turn calculated by
)(2
2
φπ Tang
V
s Ct = (3.4.19)
and ηt is the efficiency computed at the turning airspeed, which was assumed to be the cruise airspeed.
Dt is found in Phillips (2003) to be the total drag as a function of the bank angle, φ, and is given by
( ))/())(/( 2,221221 AWtLLDoDowDwt ReCosCCCCSVCSVD t πφρρ ++== (3.4.20)
Three different bank angles were considered for the turning analysis; the stall limited, load limited,
and minimum energy bank angle.  The smallest bank angle of the three was used to compute the total
energy of the turn.  The stall limited, minimum energy, and load limited bank angles are defined by
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( ))/(2 max2 LwCStall CSVWArcCos ρφ = (3.4.21)
 += )2/())((1 22222 0 WCRSVeArcTan DAwCMinE ρπφ (3.4.22)
( )max/1 nArcCosll =φ (3.4.23)
3.4.7. Descent and Landing. The total energy required for descending flight is the energy dissipated
by drag divided by the efficiency of the power plant.  In the case where the energy required was negative,
a value of zero was assumed since energy cannot be returned to the batteries.  The energy required to
descend is defined to be
DDDDDD PEKEDhsE η∆∆ /)( 22 +++≅ (3.4.24)
where ∆KED is the change in kinetic energy defined as
)(/ 2221 VVgWKE LOD −=∆  (3.4.25)
and ∆PED  is the change in potential energy defined by
hWPED =∆  (3.4.26)
DD is drag during decent, which is given by
( ))*2/()(2/ 22,221221 AWWLLDoDowDDwD ReCCCCCSVCSVD TDC πρρ +++≅= (3.4.27)
and ηD is the efficiency during decent evaluated at the average airspeed between cruise and touchdown.
The length sD is the distance from the exit of the last turn to the finish line less the distance needed for
braking.  Where the braking distance sb is defined as
)2/(2 rTDb gVs µ≅ (3.4.28)
where VTD is the touchdown velocity and assuming  the special case of the lift coefficient being equal to
the drag coefficient divided by the coefficient of rolling friction.  This is a valid, simplifying assumption in
the case of no wind and no thrust reversal.  The total energy required for stopping was assumed zero
because the motor was off.  The time required to come to a complete stop is defined by
TDbb Vst /2= (3.4.29)
3.4.8. Uncertainty.  Initially the maximum lift-to-drag ratios for the SDM and CRM were above 35.
This was a concern since manufacturing an aircraft with this high of a lift-to-drag ratio would be difficult.  It
was decided that a “worst case” lift-to-drag ratio would be 20.  The drag coefficient for the fuselage was
increased until the maximum lift-to-drag ratio of the airplane for these two missions was approximately 20.
 The main uncertainty in the mission model was associated with the power plant.  It was assumed
that there was always enough power to perform the required maneuvers for any given configuration and
flight pattern.  This assumption was justified in that the main objective in this phase of design was to
observe trends that would help in determining which missions would produce the best overall score.  
3.5. Results
Due to the number of aircraft configurations studied, it is not possible to show all of the results here.
Instead, a representative set was chosen for depicting some general trends.  Table 3.5.1 gives the critical
configuration parameters for the representative aircraft along with the computed FOM.  For every
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configuration, the MDR and SDR are always higher than the CRR.  Low wing areas, battery weights, and
RAC ratings as well as high load factors typically produce larger TFM values.
Sw (ft2) Wb (lbf) nt bw (ft) TDR MDR SDR CRR RAC TFM
4 2 7 6 1 0.9 0.6 0.3 7 0.07
4 2 2 8 1 0.9 0.6 0.3 8 0.07
4 2 7 8 1 0.9 0.6 0.4 8 0.07
6 2 7 6 1 0.9 0.6 0.3 8 0.07
6 2 7 8 1 0.9 0.6 0.4 8 0.07
4 2 7 12 1 0.9 0.6 0.4 8 0.07
6 2 7 12 1 0.9 0.6 0.4 9 0.06
10 2 7 8 1 0.9 0.6 0.4 9 0.06
10 2 7 12 1 0.9 0.6 0.4 9 0.06
10 5 7 6 1 0.9 0.6 0.3 13 0.04
10 2 7 6 1 0.9 0.4 0.4 9 0.04
4 5 7 6 1 0.9 0.6 0.3 15 0.03
6 2 2 8 1 0.5 0.4 0.2 8 0.02
4 2 2 12 1 0.5 0.4 0.2 8 0.02
6 2 2 12 1 0.5 0.4 0.2 9 0.02
10 2 2 8 1 0.5 0.4 0.2 9 0.02
Table 3.5.1.  Select random sample of aircraft configurations and example FOM calculation.
3.6. Conclusions
After considering results from conceptual design, some important conclusions were drawn.  First, the
CRM results in scores that are lower than both the SDM and MDM.  For this reason, future design efforts
will not consider the CRM.  Second, as the battery weight is reduced, the score improves due to the
reduction of RAC.  Third, as the maximum load factor of the wing increases, the overall score increases
due to the aircraft being able to turn at larger bank angles and thus lower turn times.  These trends will be
taken into consideration in future design phases.
The airplane configuration at the end of conceptual design is summarized in Table 3.6.1.  Because of
power plant inaccuracies, critical parameter ranges were left fairly large and will be narrowed down in the
preliminary design phase.
Geometry Value Performance Value Weight Statement Value
Sw (ft2) 4 ~ 10 CLmax 1.6 Airframe (lbs) 3.5 ~ 4.7
bw (ft) 6 ~ 12 (L/D)max 20 ~ 35 Propulsion System (lbs) 5.4
Wb (lbs) 1~ 5 Stall Speed (mph) 29 ~ 37 Control System (lbs) 0.5
nt  (g) 3 ~ 10 Max Speed (mph) 105 ~ 135 Payload (lbs) 5 ~ 6.75
Take-off Field Length
(empty) (ft) 80 Empty Weight (lbs) 9.4 ~ 10.6
Take-off Field Length
(Gross Weight) (ft) 110 Gross Weight (lbs) 14.4 ~ 16.35
Table 3.6.1.  Aircraft data summary.
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4. PRELIMINARY DESIGN
The focus of preliminary design was to determine approximate dimensions, weight, power, load limit,
and other physical characteristics for an optimum aircraft, which would best meet objectives for the two
missions selected in conceptual design, namely MDM and SDM.  The main areas of concern were wing
area and span, empennage size, battery weight, motor/propeller combination, and wing strength.  The
entire aircraft flight routine was modeled more accurately than in the conceptual design phase and
motor/propeller performance was modeled in much greater detail.  For empennage optimization, the
stability of the aircraft was estimated with algorithms that computed static margin and the yaw stability
derivative.
4.1. Critical Design Parameters and Sizing Trades
Based on results obtained in the conceptual design phase, the critical design parameters were
revised to reflect the performance parameters considered most influential to the overall score.  These
included main wing dimensions, power plant, empennage dimensions, battery weight, and load factor.
4.1.1. Wing Area. Trends found in conceptual design indicated that an optimum wing area may exist.
For a fixed gross weight, decreasing wing area increases wing loading and raises the minimum drag
airspeed.  This results in higher flight speeds and reduced mission flight times.  However, increasing wing
loading also increases the stall speed, which increases takeoff distance.  Since mission requirements call
for short takeoff and high flight speed, wing loading must be a compromise.
4.1.2. Wingspan. The wing contribution to RAC is proportional to the sum of the wingspan and the
maximum chord.  Thus, minimum RAC per unit wing area is realized with a rectangular wing of aspect
ratio 1.  This places a penalty on high aspect ratio wings and an even greater penalty on efficient wing
planforms, such as elliptic and tapered wings.   For a given wing area, a higher wingspan produces a
more efficient, faster wing while increasing the RAC.  This means that wingspan must be a compromise
between cost and efficiency.  Other limitations on wingspan were manufacturability, storage of the wing in
the aircraft storage box, and speed of assembly.
4.1.3. Overall Aircraft Length and Empennage Size. The main goal in designing an empennage for
any aircraft is to stabilize the aircraft both statically and dynamically as efficiently as possible.  For the
purposes of preliminary design, efficiency was defined in terms of RAC and total drag.  Due to the
interaction and influence of these parameters, an optimum empennage was known to exist.  The RAC
increases with overall aircraft length and weight.  For a very short aircraft, the total drag can usually be
decreased by increasing the empennage length and decreasing empennage area.  Thus, aircraft length
and empennage size will also be a compromise between cost and efficiency.
4.1.4. Motor Size and Number. Motor selection was based on several criteria; the effect of motor
weight and number on the RAC, the power output of the motor, and the maximum current draw.  An
increase in motor size or increase in the number of motors will increase the power output thereby
decreasing takeoff distance.  A more powerful motor can produce higher rpm’s for a given propeller,
which increases the maximum possible velocity.  Increasing motor size increases the RAC due to
increased weight.  Using multiple motors induces a double penalty by increasing weight and rated engine
power.  Here again, motor selection must be a compromise between cost and mission effectiveness.
4.1.5. Propeller Pitch and Diameter. It is known that for best overall propulsive efficiency, a large air
mass should be accelerated over a small incremental velocity.  This warrants a large diameter propeller.
However, ground clearance and compressibility effects limit allowable propeller diameters.  Furthermore,
propellers with low pitch-to-diameter ratios have greatest propulsive efficiency at low airspeeds, while
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high pitch-to-diameter ratios result in greater propulsive efficiency at higher airspeeds.  Since variable-
pitch propellers are not available in the sizes required, a fixed-pitch propeller must be used.  Due to the
large range of velocities encountered in the missions, propeller pitch must be a compromise between
takeoff performance and maximum airspeed.
4.1.6. Battery Weight and Number of Cells. As noted in conceptual design, the weight of batteries
carried in the aircraft contributes to the RAC, the maximum airspeed, and the maximum time the aircraft
can remain in flight.  According to trends from conceptual design, there is possibly an optimum battery
weight that would maximize the overall score attained by the aircraft.  As more batteries are carried the
aircraft has the potential to complete a mission in less time.  On the other hand, as battery weight
increases, the RAC and induced drag increase.  Using lower capacity batteries allows more cells to be
used within the weight constraint, which produces higher voltage and rpm.  The tradeoff for decreasing
battery capacity is reduced total available energy.
4.1.7. Load Factor Limit. The conceptual design phase also revealed a potential optimum load factor
for the aircraft well above the competition’s required 2.5 g’s.  As the design load factor increases the
maximum allowable bank angle increases, thereby reducing the turning radius to use less energy and
time in the turns.  However, this requires increased power, wing strength, and wing weight, resulting in
higher RAC.
4.1.8. Range of Critical Design Parameters Studied. In an attempt to optimize an aircraft for
mission cost-effectiveness, a very large number of aircraft configurations were analyzed in greater detail
using a computer program written by the design team.  Each of the critical design parameters was varied
over some range in an attempt to expose the optimum aircraft configuration.  Table 4.1.1 shows the range
and increments for each of the critical design parameters studied.
In addition to the iterations listed in Table 4.1.1, a data file of approximately 100 Astroflight motors
was created along with each motor’s associated critical constants.  These were iterated through one at a
time for each of the possible combinations of critical design parameters defined by Table 4.1.1. The
largest horizontal stabilizer span allowed by the RAC was also the most efficient and was fixed at a
constant 25% of the main wingspan.
Critical Design Parameter Minimum Maximum Increment
Wing Area (Sw), ft2 4 10 0.25
Wingspan (bw), ft 6 12 0.25
Horizontal Stabilizer Area (Sh), ft2 0.8 2.2 0.2
Vertical Stabilizer Area (Sv), ft2 0.8 2.2 0.2
Empennage Horizontal Offset  (lh), ft 0.5 4.5 0.4
Motor Number 1 2 1
Propeller Diameter (dp), in 8 26 1
Propeller Pitch (λ), in 8 24 1
Battery Cells 24 48 1
Battery Capacity (bc), mAh 1700 2400 700
Turn Load Factor (nt), g’s 3 10 1
Table 4.1.1. Critical design parameters studied during the preliminary design phase.
17
4.2. Improved Mission Modeling and Optimization Analysis
The preliminary design phase focused on the development and use of computer programs called
DBF2002 and DBFEMP. The purpose of these programs was to iterate through the critical design
parameters listed in Table 4.1.1. The programs’ outputs were the important aerodynamic properties, RAC,
and total score.  This made it possible to determine which range of aircraft would attain the best overall
score and directed detail design efforts toward an optimum range of aircraft.
4.2.1. Overview of Mission Modeling and Optimization Programs.  Figure 4.2.1 is a block diagram
of the DBF2002 program operation.  First, the variables were initialized and data files opened for reading
and writing.  The data files contained the motor database along with limits and increments for each
aircraft parameter.  The thrust and power curves of the motor were then calculated.  The program iterated
through all combinations of motors, battery cells, and propellers that drew a maximum current less than
50 amps.  An airplane was then modeled using the geometric parameters listed in Table 4.1.1. along with
the chosen power plant.  Approximations for the drag, lift, and weight were then computed.  Each aircraft
configuration was cycled through the two mission flights at the slower of either the maximum possible
flight velocity or the velocity that would fully deplete the battery energy.  If, at some point during the flight
routine, the program determined that the aircraft and mission combination was impossible, a new aircraft
was drafted and the cycle repeated.  If the missions were completed, the RAC, mission scores, and
overall score were then calculated and sent with other important parameters to an output file.  The entire
process was repeated until all critical design parameters had been stepped through and the results
recorded in the output file.
Initialize 
Variables 
Read Data 
Files 
Choose:  Motor Type, Propeller 
Diameter, Propeller Pitch, # of 
Battery Cells 
Calculate:  Battery Voltage, 
Thrust Coefficients, Current 
Coefficients 
Choose:  Wing Area, Wing 
Span, Max Load Factor, # of 
Motors 
Mission #1 
Mission #2 
Output:  Velocities, 
Scores, Energies, 
Distances, etc. 
Figure 4.2.1. Block diagram of the DBF2002 optimization program.
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After initial runs of the program, data files were created containing many thousands of aircraft
configurations along with their respective scores and other characteristics.  A spreadsheet program was
used to sort the data with respect to score to determine where the maximums occurred.  Based on the
highest scoring aircraft configurations, a more polished range of aircraft parameters was chosen with
higher resolutions set to narrow the search for an optimum aircraft.  This refinement process was
repeated many times and thus millions of aircraft configurations were simulated.
The DBFEMP program was written to determine the empennage needed to stabilize the aircraft by
iterating on the critical empennage parameters located in Table 4.1.1.  Stability was quantified by
specifying a static margin and a yaw stability derivative.  Based on rule of thumb values obtained for
conventional aircraft, these were chosen to be 10% and 0.06 respectively.  Once a stable configuration
was found, the program calculated the RAC of the entire aircraft with the new empennage.  The program
then simulated the tail being flown through critical flight conditions that the aircraft would encounter such
as takeoff, steady flight, and turning.  For each flight condition, the program iterated on elevator size and
computed the elevator deflection needed to trim the aircraft.  It then computed the drag associated with
that deflection.
4.2.2. Estimating Aircraft Gross Weight. Several approximations were refined to produce a better
model of the overall aircraft weight. The predicted wing weight is not only a function of the wing area, but
also a function of the wing design load factor.  Wing weight increases proportionally with wing area, span,
and design load factor.  The model considered the dimensions and weight of a wing spar needed to
withstand bending forces, ribs and webbing needed for torsion loads, and non-structural weight.  The
weights of the empennage surfaces were based on the same formula used for the main wing.  The
manufacturer’s listed weight was used for each motor considered.
4.2.3. Estimating Aircraft Drag. The source of parasitic drag that was of most concern during the
preliminary design phase was that of the mock antenna for the MDM. This mission required that a
simulated cylindrical antenna be attached to the exterior of the aircraft.  Contest rules state that the
cylinder must be mounted 3 inches away from any aircraft surface and be entirely exposed to the free
stream.  Since this structure will create a significant drag force, an accurate prediction of this force was
desired.  Figure 4.2.2 shows a full-scale model of the cylinder, constructed of competition materials, that
was tested in a wind tunnel. A force measurement device was designed and known weights were used to
calibrate the setup. Strain and pressure differential data were recorded for velocities up to 80 ft/s. The
resultant drag coefficient was found to be a constant for velocities between 30 and 80 ft/s.  In this region,
the drag coefficient was 0.9 ± 0.15 for a confidence level of 95%.  As shown in Fig. 4.2.3, this is
significantly higher than the value predicted from the relation presented by White (1999).  Drag estimates
from conceptual design were used for the other aircraft components.
4.2.4. Estimating Aircraft Maximum Lift Coefficient. For the purposes of preliminary design, the
estimate of the aircraft maximum lift coefficient was taken to be the maximum lift coefficient of a NACA
2412 airfoil.  This gave a resulting maximum lift coefficient of 1.6.
4.2.5. Estimating Power Plant Performance. The motor-propeller combinations were modeled in a
subroutine called GPROPS, which uses principles from Phillips (2002).  This program uses Goldstein’s
vortex theory along with electric motor theory to predict the thrust and current draw for a particular motor-
propeller combination.  It also uses the propeller geometry of a particular propeller manufacturer to further
increase the accuracy of the results.
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Figure 4.2.2.  Wind tunnel setup for cylinder drag measurements.
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Figure 4.2.3.  Results of cylinder wind tunnel testing with confidence level of 95%.
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Given a motor and propeller, the GPROPS subroutine would sample thrust data points at six different
velocities for each of six different throttle settings.  Velocities ranged from 0 to 200 ft/sec in steps of 40
ft/sec while throttle settings ranged from 0.5 to 1 in steps of 0.1.  The same was done for current draw.   A
quadratic least squares fit was used to approximate thrust and current as a function of velocity at each
throttle setting.  Once these coefficients were obtained another least squares fit was used to fit quadratic
functions to these sets of coefficients as functions of throttle setting to yield two 9X9 matrices of
coefficients.  These two matrices represented the thrust and current as a quadratic function of both
throttle setting and velocity.  This was done so that the computationally intensive GPROPS subroutine
needed only to be called once for each motor and propeller combination thereby greatly reducing the run
time of the main program.
It is common to overestimate the performance of batteries and motors by using efficiencies and
energy capacities given by the manufacturers of these products.  Manufacturers often use the best-case
test scenarios and not actual flight conditions.  To remedy this problem, tests were designed to monitor
power plant component characteristics based upon the conditions that would be expected during an
actual flight.  These tests gave an estimate of the expected energy output of a possible competition motor
and battery pack.  These estimates were used in the GPROPS subroutine to aid in the determination of
an accurate optimal aircraft range.
 Figure 4.2.4 shows general trends in battery voltage, current and motor speed. However, due to the
large uncertainty in the torque measurement, a new load cell had to be obtained.  Also due to errors in
the current measurement, large sections of data had to be removed to provide an accurate picture.  Still,
sufficient information was gathered for the GPROPS subroutine as seen in Table 4.2.1.
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Figure 4.2.4. Test run of AstroFlight 661 cobalt motor.
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Battery Resistance Battery Capacity Torque Speed Efficiency
Manufacturer 0.005 ohms 2400 mAhrs 0.26 ft-lbf 8400 rpm 80%
Test 0.015 ohms 1800 mAhrs 0.15 ft-lbf 8500 rpm 75%
Table 4.2.1. Comparison between actual tests and manufacturer’s battery specifications.
4.2.6. Static Stability Analysis. Both the static margin and yaw stability derivative equations that
were used in the DBFEMP program were based on the moment distribution of the aircraft along the
fuselage reference line.  The aerodynamic centers of all surfaces and the thrust line were allowed to be
offset and rotated from the fuselage reference line.   Main wing flap, and elevator deflections, along with
the destabilizing effects of a tractor propeller and fuselage were accounted for, along with downwash and
sidewash effects from the main wing on the stabilizer surfaces.
 4.2.7. Mission Modeling Equations.  Conceptual design predicted cruise speeds well above takeoff
speeds.  This meant that a considerable portion of each mission would be spent in accelerating flight.
Three options were available to model the accelerated portions of flight; full numerical integration using
time steps, closed form approximations assuming a linear change in force and small climb angles, or a
closed form integral solution with an approximation for the thrust, drag, and current distributions.  Since
minimal program run times were critical due to a tight design schedule, the first option was not feasible.
The second option used assumptions that were inaccurate due to the nature of the missions, which
exaggerate nonlinearities in drag and lift forces.  The thrust and current draw curves are well behaved
and closely follow the form of a quadratic curve.  It was therefore possible to develop, in closed form, the
integrals of the time, distance, and energy equations, with respect to velocity.  These equations are
respectively defined
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where t, and s, are the values of time and distance respectively, m is the mass, E is the battery pack
voltage. Vo and V are the initial and final velocities, and i and c are the coefficients for the quadratic
functions.
The classical form of the drag equation made a closed form solution to the integral impossible. To
overcome this, the best approximation theorem, Greenberg (1998), was used to find a quadratic equation
that accurately modeled the drag over the velocity interval from liftoff to cruise velocity.  There were two
advantages associated with using the best approximation theorem as opposed to a curve fit of the data.
First, the resulting equation was robust enough to be used for any aircraft configuration and second, it
was only necessary to recalculate the coefficients for each V 2 term to acquire the three coefficients for a
quadratic.  This was faster computationally than having to use a curve fit routine coupled with a Gaussian
matrix solver.  Figure 4.2.5. shows the original function and the best approximation function curves for the
optimal aircraft configuration.  
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Figure 4.2.5.  Aircraft drag and best approximation quadratic function.
4.2.8. Takeoff Analysis. The takeoff portion of the flight routine used the acceleration model along
with a rotation time estimate of one second and a liftoff speed equal to 110% of the aircraft’s stall speed.
The time, energy and distance needed to accelerate to takeoff speed and rotate at a constant velocity
were then obtained and sent back to the main routine.  Aircraft configurations that exceeded a 120 ft
takeoff distance were discarded.
4.2.9. Accelerated Climb Analysis.  Given a height to climb, initial velocity, and velocity objective,
the accelerating climb portion of the flight was modeled with the same equations developed in Sec. 4.2.7.
The required horizontal distance was calculated from the flight distance obtained from Eq. 4.2.2. The
climb angle was the tangent of the height to climb and the available horizontal distance of each straight
section of the lap.  If the required distance exceeded the available distance before the upcoming turn, the
velocity that could be attained was evaluated with a root finder and returned to the flight routine.   If the
distance required to reach the velocity objective was less than that available, then a steady climb, which
is a special case of the acceleration equations, was used over the remaining distance.
4.2.10. Steady Level Flight Analysis. The steady level flight portions of the missions were modeled
using the same equations of acceleration, but without elevation or velocity change.
4.2.11. Turning Analysis. Accelerated turning was prohibited by the high induced drag caused by
large load factors.  Instead, a constant speed turn was used that allowed for a loss in altitude to balance
the kinetic energy lost due to drag being greater than thrust.  The time, energy, and height loss during the
turn were computed and returned to the flight routine.
4.2.12. Descent and Landing Analysis. Descent and landing were modeled using the same
algorithms but assumed zero thrust or power usage from the motor.  A bisection method was used to
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determine the point in the last lap of the sortie at which the motor should be shut off to allow the aircraft to
touchdown and stop at the start/finish line of the course. This method used decelerating forms of the time
and distance equations to calculate losses in potential and kinetic energy of the aircraft through level
decelerating turns, the downwind leg straightaway, the decelerating decent from the end of the last turn to
touchdown and the ground roll.
4.3. Optimization Results
Data obtained from the optimization programs was sorted and maximum overall scores identified.  It
was found that an optimum score is given for high aspect ratio wings, despite the fact that RAC increases
with aspect ratio.  Figure 4.3.1 shows how score is affected by the aspect ratio of the main wing for the
MDM and SDM missions.  The MDM score increases with aspect ratio while the SDM score decreases.
The combined total score has an optimum with an aspect ratio of approximately 11 (see Fig 4.3.2).
High load factor limits also gave better scores due to the ability to turn at higher bank angles,
producing higher turns rates.  The tradeoff is increased aircraft weight and the associated increase in
RAC and induced drag.
Increasing the number of battery cells was found to increase the score despite the penalty of added
weight.  This results from putting a higher voltage drop across the motor, which increases the power
output and maximum flight velocity.
 4.3.1. Configuration Parameters for Optimized Aircraft.  After analysis of the program outputs,
the 10 best airplanes were selected. Table 4.3.1 shows the parameter ranges for these 10 aircraft. These
were approximate values to be finalized in detail design with more accurate models and analysis.
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Figure 4.3.1.  Flight score with respect to aspect ratio.
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 Figure 4.3.2. Combined flight scores as a function of wing area and span.
Design Parameter Approximate Value
Wing Area (Sw), ft
2 8~9
Wingspan (bw), ft 9~10
Horizontal Stabilizer Area (Sh), ft
2 1.5707~1.7
Horizontal Stabilizer Span (bh), ft 2.5
Vertical Stabilizer Area (Sv), ft
2 1.5707~1.7
Vertical Stabilizer Span (Sv), ft 2.5
Elevator Width (% chord) 40~50
Empennage Horizontal Offset (lh), ft 1.6~1.7
Battery Weight (Wb), lbf 5
Turn Load Factor (nt), g’s 7~8
Number of Motors 1
Motor Astroflight 691
Propeller Pitch and Diameter (MDM) (λp) (dp), in 21X19 ~ 17X19
Propeller Pitch and Diameter (SDM) (λp) (dp), in 21X19 ~ 17X19
Rated Aircraft Cost (RAC), k$ 13.5
Table 4.3.1.  Optimized ranges of aircraft design parameters.
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4.3.2. Aerodynamic and Stability Characteristics of Optimized Aircraft.  Plots were made to
evaluate the performance characteristics of aircraft in the optimal range.  Figure 4.3.2 is an example of
one these plots.  They were analyzed to determine the best performance characteristics.  This evaluation
aided in further narrowing the optimal configuration ranges.  Table 4.3.2 gives approximate values for the
predicted performance.
The empennage was sized according to a static margin of 10% and a yaw stability derivative of 0.06
at mission flight velocity.  These stability derivatives were then plotted over a range of lift coefficients to
ensure stability for all operating conditions to be encountered.  Figure 4.3.3 shows an example of one of
these plots.  These plots helped the team decide which aircraft configurations would not only be the most
efficient, but also be the most stable through the range of operating conditions.
Performance Parameter Approximate Values
Maximum Lift Coefficient (CLmax) 1.6
Maximum Lift-To-Drag Ratio (L/D) 20
Maximum Takeoff Distance, ft 115
Maximum Takeoff Distance (Loaded), ft 100
Maximum Takeoff Distance (Empty), ft 75
Static Margin, % 10
Yaw Stability Derivative 0.06
Table 4.3.2.  Predicted performance characteristics.
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4.3.3. Predicted Mission Performance for Optimized Aircraft.  Table 4.3.3 shows the approximate
mission performance values typical of the 10 best aircraft, selected from thousands of configurations that
were considered during preliminary design.
Performance Parameter Approximate Value
RAC, k$ 13.5
Time MDM, min 2.15
Time SDM, min 2.38
Score MDM 0.482
Score SDM 0.342
Table 4.3.3. Predicted mission performance for the optimized aircraft.
4.4. Conclusions
The results predicted from the preliminary design program showed significant differences from
optimal velocities and aircraft sizes predicted during the conceptual design phase.  This was due to the
introduction of improved estimates for power plant efficiencies, current limits, and more accurate
algorithms for predicting drag and thrust.  Some trends found in conceptual design were verified, such as
the increase in score with aspect ratio and load factor.  Unlike results predicted during conceptual design,
the preliminary design program predicted that adding cells to the battery pack would increase the total
score, up to battery weights beyond the 5-lbf limit.
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5. DETAIL DESIGN
With the major aircraft components determined in preliminary design, the final task before manufac-
turing was to maximize design performance.  This was accomplished by shaving off weight and reducing
drag while still meeting the stringent demands of strength and stability.  This final optimization was done
by detailed analysis and design of the airframe’s aerodynamics, power plant, and structure.
5.1. Engineering Requirements
The final aircraft design has basic engineering requirements that must be met to guarantee safe and
successful flying.  These requirements fall under three major categories; contest rules, strength, and flight
performance.  Most requirements have basic values that must be met or the aircraft design is not viable.
The requirements for the detail design phase are listed in Table 5.1.1.  All aspects of detail design are
aimed at meeting or exceeding these requirements.
Engineering requirements Required Goal
Mission Rules
Gross Weight (lbf) < 55 < 22
Takeoff Distance (ft) < 120 110 ~ 120
Flight Time (min) < 10 2 ~ 3
Radio Fail Safe Mode Yes Yes
Disassembled Dimensions (ft) 4 X 2 X 1 4 X 2 X 1
Assembly Time (sec) 15
Rated Aircraft Cost ($1000) 13
Strength
Load Factor Limit (g) >7 9
Lift Limit (lbf) >154 198
Payload Support (lbf) 35 45
Flight Performance
Maximum Lift Coefficient 1.6 2
Maximum Lift-To-Drag Ratio 20 30
Maximum Speed Empty (ft/sec) 110 140
Stability (Static & Dynamic)
Static Margin (%) 5 ~ 20 12
Divergent Mode Doubling Time (s) >1 >3
Table 5.1.1.  Engineering requirements for final aircraft configuration.
5.2. Component Selection and Systems Architecture
To optimize the aircraft and meet engineering requirements, the aircraft was divided into subsystems
that were analyzed in greater detail.  These subsystems were the main wing, empennage, flight control
system, propulsion system, structural system, payload support and deployment system, and the takeoff
and landing system.  The main wing and empennage were optimized with the use of numerical programs
such as JAVAFOIL, Hepperle (2002), and code developed by the team.  These codes computed the lift,
drag, and stability characteristics among other mission performance parameters.  The flight control
system was chosen to meet the complex flight operations encountered in the different mission profiles.
Due to the high structural loadings predicted during flight, high strength-to-weight materials and structures
were used.  Structures were analyzed using SDRC I-DEAS finite element analysis package and tested to
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failure in a laboratory.  In order to support and deploy the payload, the mechanism and support structure
were optimized for weight, reliability and strength.  The takeoff and landing system was optimized to
reduce drag, weight, and mission flight time while maintaining good ground handling characteristics, and
strength.
5.2.1. The Main Wing. Throughout the conceptual and preliminary phase of the aircraft design, all
wing performance was based on the NACA 2412 airfoil section. In order to improve upon the NACA 2412
and the main wing performance, a new airfoil and the use of washout were investigated.
Airfoil.  In an effort to improve on the overall performance of the wing, extensive analysis was done on
over 200 different airfoils using an application based on the well-used PROFIL code developed by Eppler,
called JAVAFOIL, Hepperle (2002).  This program uses basic boundary layer theory to predict the viscous
drag over an airfoil, the transition from laminar to turbulent flow, and stall of the airfoil based on laminar
and turbulent flow separation.  Of the over 200 airfoils analyzed, 150 of them were based on various
combinations of the NACA 5 and 6 digit camber lines.  The remaining 50 airfoils were taken from the
University of Illinois, Urbana Champagne 1500+ airfoil database.  The airfoils selected were based on
their application and thickness greater than 12%, to make room for the retractable landing gear.
The criteria to select the “best” airfoil out of the 200 analyzed, were based upon the following parame-
ters for both the takeoff and cruise speeds; maximum lift coefficient  > 1.6 without flaps, maximum lift
coefficient  > 2.0 with flaps, maximum L/D > 40 without flaps, maximum L/D > 50 with flaps, and moment
coefficient about quarter-chord > -0.1 without flaps.  The airfoil that had the best overall performance
based on these criteria is the Eppler 584, originally designed as a low Reynolds number airfoil for
sailplanes (Eppler, 1990).  The airfoil polars are plotted in Fig. 5.2.1 for the cruise Reynolds number.
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Figure 5.2.1.  Polars for Eppler 584 airfoil at a Reynolds number of 600,000.
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Washout.  With an airfoil and planform shape decided upon, the next option considered was that of
using washout to reduce the induced drag of the wing.  With the use of an elliptic washout distribution the
induced drag of a wing can be reduced to that of an elliptic planform for a given lift coefficient, Phillips
(2003).  A wing with optimum washout will always produce less induced drag than that of a wing without
washout at all lift coefficients above one-half the design lift coefficient.  Using the numerical solution for
optimum washout presented by Phillips (2003) the effects of washout for a finite wing were studied.
Figure 5.2.2 shows the maximum decrease in induced drag that can be obtained for a finite wing for a
given aspect ratio.  All values are calculated for the Eppler 584 airfoil.  For the wing chosen in this design
with an aspect ratio of 10.9, the potential performance increase is 8%.
With two possible means of implementing washout, geometric or aerodynamic twist, the simplest is to
use geometric twist.  To determine the amount of twist needed at the wingtip a program was written using
the aforementioned algorithm to iterate on design lift coefficients and compare the reduction in induced
drag across the entire range of expected lift coefficients.  Figure 5.2.3 shows the optimum drag reduction
over the lift coefficient range.  One disadvantage of using this fixed twist is shown by the narrow peak at
low lift coefficients with reduction in benefit at higher lift coefficients.  Since nearly half of the flying will be
at the high end of the lift coefficient range due to takeoffs, landings, and high load factor turns, a fixed
twist gives relatively little advantage.  Other difficulties encountered in using this type of washout were the
problems in manufacturing.  The washout presented in Fig. 5.2.3 represents only 1.5 degrees of
maximum twist at the wingtip.  Considering the relatively crude manufacturing methods used in building
R/C aircraft, the quality control for such a small amount of twist would be prohibitive to the cost and time
required to complete the design.
Aspect Ratio
5 10 15 20 25 30
In
d
u
ce
d
 D
ra
g
 Im
p
ro
v
em
en
t 
(%
)
0
5
10
15
20
Eppler 584 Airfoil
Figure 5.2.2.  Reduction of induced drag versus aspect ratio for a wing with optimum washout.
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Figure 5.2.3.  Reduction of induced drag versus lift coefficient for a wing with optimum washout.
The use of aerodynamic twist presented a more complex problem than that of geometric twist since
the washout is implemented by twisting the local zero lift angle of attack along the wing.  This would
require a very time intensive manufacturing process that uses numerous different airfoil templates, each
with the correct zero lift angle of attack.  The design of a minimum number of modified airfoils alone would
prove too daunting for the time and manpower available.  For these reasons, the use of fixed
aerodynamic twist was not considered further.
A third option for introducing wing twist is the use of twisterons, Phillips, Alley, and Goodrich (2003).
This idea utilizes the flaps to produce aerodynamic twist in the wing.  The greatest single advantage of
using the flaps to produce aerodynamic washout is that the optimum washout can be maintained over the
entire range of lift coefficients.  Another potential advantage of using flap washout is the reduction in
overall pitching moment produced by the wing.  This would reduce the negative lift produced on the
conventional aft tail in trimmed flight.  Because of its potential influence on other surfaces of the aircraft,
the method of Phillips and Snyder (2000) was used to analyze the effects of flap washout, or twisterons,
on the aircraft lift-to-drag ratio.  Since the benefit of twisterons would be best realized in the high-g turns,
all computations were done for a lift coefficient of 1.4.  Parameters iterated on were; the width of the flaps
in percent chord, deflection of flaps in degrees, and twist angle of the flaps at the tip.
Figure 5.2.4 depicts the elliptical twist generated on the flaps along the span.  In order to determine
which flap percentage should be used for the final design, several more performance criteria were
considered.  The first considered was the total L/D improvement that the flap washout could produce for
the aircraft.  Based on these results shown in Fig. 5.2.5, the range of flaps considered for further analysis
were the 25, 30 and 35% flap widths.
31
Figure 5.2.4.  Representation of twisteron deflection with elliptic washout distribution.
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The effect of flap width on the maximum lift coefficient for a given flap deflection was analyzed using
JAVAFOIL.  Figure 5.2.6 shows the maximum lift coefficient for the three flap percentages.  With the 25
and 30% flaps having very similar characteristics, the final criterion considered was that of
manufacturability.  The 25% flaps are the best choice considering that it would be easier to twist a shorter
and thinner flap while sacrificing very little performance over the range of flight conditions to be
encountered.  Figure 5.2.7 shows the improvement in lift-to-drag ratio that the use of flap washout can
provide, for the 25% flaps.  As shown in Fig. 5.2.7, increases in lift-to-drag ratio from 10 to 20% can be
realized with this flap modification. An improvement of this magnitude with a single modification is
unheard of beyond the fairing of bluff bodies.  Based on these results, the best configuration is a wing
with 25% flaps.  The flaps would be deflected 15 degrees with 35 degrees of washout at the tip for turning
and takeoff, and the flaps would be deflected –1.5 degrees with 6.5 degrees of washout at the tip for level
flight.
In order to address the problem of manufacturing this design, the use of multiple control points along
the span are necessary.  This can be accomplished with the use of one servo per wing attached to three
bellcrank/control horn assemblies and one stationary control point.  In order to create the elliptic washout
distribution on the flap, the control points are clustered toward the tip with a cosine distribution.  Figure
5.2.8 shows the position of each control point along the span at both the cruise and turning flap
deflections.  With each dynamic control point needed different degrees of rotation and direction, the
pushrods connecting each bellcrank assembly must have the correct lever arm length relative to the
servo rotation.  The servo is placed in the wing at the 60% semi-span with pushrods going to the
bellcranks at the root and tip of the wing section.  This arrangement minimizes the length of the pushrods
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Figure 5.2.7.  Lift-to-drag improvement as a function of twisteron deflection.
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and limits the amount of twist between the closest control points.  For a flap 2.7 inches wide, the most
severe relative twisting that would be experienced is 15 degrees over 6 inches.  The rotation of the root
bellcrank is 148% of the servo bellcrank and the tip rotation is –111% of the servo bellcrank.  By
implementing washout, the lift-to-drag ratio of the aircraft can potentially increase by 20%.
5.2.2.  The Stability and Control System.  The results that were obtained from preliminary design
combined with the most recent wing properties, were used to finalize the design of the empennage and its
control surfaces.
Empennage.  In the detail design phase, more accurate models of the aerodynamic forces and
moments were needed to finalize the design of the empennage.  For this, the method of Phillips and
Snyder (2000) was utilized.  The first task was to model the optimal aircraft from preliminary design and
analyze its stability.  The results were within 5% of those found from the DBFEMP program, giving
confidence in the results found in preliminary design.  From this optimal empennage geometry it was
noticed that the total length of the aircraft was close to the length of the aircraft storage box.  This shifted
the focus of the team to not only optimize the empennage in terms of RAC, drag, and manufacturability,
but also in terms of assembly time.  If the empennage could be made to fit into the box, this would greatly
reduce assembly time.
Geometry.  Elliptical planform lifting surfaces are the most efficient in terms of lift and drag.  However,
they are extremely difficult to manufacture.  Due to the time constraints of this design process, it was
decided that elliptical surfaces would not be feasible to manufacture.  A tapered lifting surface is a good
compromise between elliptical and rectangular shapes.  A planform with a taper ratio of 0.4 and some
degree of washout approximates an elliptic lift distribution reasonably well, however a planform with a
taper ratio of 0.6 fitted with elliptical tips is more accurate.  The tradeoff again was manufacturability, the
wing with a taper ratio of 0.4 and washout would be easier to manufacture than the wing with a taper ratio
of 0.6 fitted with elliptical tips.  The final decision was that, because of the high lift carried on the tail
during some mission phases, the aerodynamic advantages associated with the elliptic wingtips overcame
the increase in manufacturing difficulty.
Control Surface Sizing, Location and Hinging. Once the possibility of storing the fuselage and
empennage as one piece was recognized, design efforts were directed toward sizing the empennage to
fit within the box. The empennage optimization problem iterated on the empennage parameters of
horizontal offset, the tail feather size, and the hinge location.
It was determined that a tape hinge across the bottom of the horizontal stabilizer would facilitate an
elevator deflection of 90 degrees.  With total aircraft length constrained by the length of the box, an
elevator deflection of 90 degrees would allow the empennage to be moved aft a distance equal to the
elevator width less the airfoil thickness.  This would slightly increase the RAC, while increasing stability
and aircraft efficiency.  The stability gain outweighed the increase in RAC.  Results from preliminary
design suggested that an elevator chord of 50% would be within the optimal range.  Because the box is
only 2 feet wide and the span of the horizontal stabilizer is 2.5 feet, it was decided that the elliptic tips
would have to be attached during assembly.  A 50% elevator would give a good mounting surface for
these elliptical tips.
The same tradeoffs between efficiency and manufacturability were considered for the vertical
stabilizer.  The rudder was also hinged to deflect 90 degrees.  This allowed for a larger vertical tail
surface to fit inside the box.  Since the vertical stabilizer carries little lift, manufacturability overcame the
efficiency considerations and the vertical stabilizer was designed with a taper ratio of 0.4.  To increase the
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yaw stability for such a short aircraft, the vertical stabilizer was swept aft 41 degrees to increase its
effective moment arm.  This produced a slight increase in the RAC based on length.
The upper portion of the vertical stabilizer was designed to be removable in order to fit in the box.
This removable section attaches to, and acts as an extension of the rudder.  The rudder will be hinged on
one side with a tape hinge giving it 90 degrees of travel in one direction.  This hinge had to be
perpendicular to the fuselage in order to fit it into the aircraft storage box.
A 50% elevator chord was in the optimal range from preliminary design.  Having an elevator this size
offered good control and allowed reasonable surface area to attach the tips.  In designing the hinge line of
the elevator, two possibilities were considered; one with a straight quarter-chord and one with a straight
trailing edge. At cruise speeds, these two designs were modeled using the method of Phillips and Snyder
(2000) and had lift-to-drag ratios of 5.9 and 6.1, respectively.  Based on these results, the horizontal
stabilizer has a swept quarter-chord and a straight trailing edge.
Flight Electronics.  The electronic control system for the aircraft was chosen to be a 10 channel JR
10X radio and receiver package.  Seven of the channels are used to power the Astroflight speed
controller and 6 Hitec servos.  To facilitate ease of assembly and allow a single control surface on each
wing to serve as both flaps and ailerons, a separate servo was used in each wing.  Three more servos
were used for the rudder and nose gear, elevator, and retractable gear.  One more servo was used to
actuate both the wheel brakes and payload release mechanism.  This arrangement of servos maximized
aircraft control while minimizing the RAC.
5.2.3.  The Propulsion System.  Optimization of the propulsion system was focused on
characterizing the motor and battery packs and implementing them into the power plant program to more
accurately predict the best propeller for each mission.
Motor.  Motor efficiency tests were performed in order to determine motor characteristics and
optimize the motor and batteries with the specific mission requirements.  The tests serve several
purposes; they show the relationship between motor efficiency and temperature, provide an independent
verification of the manufacturer’s characteristic curves, and give accurate battery-life profiles under
expected flight conditions.  Efficiency tests required measurements of battery voltage, current, motor
torque, and shaft speed.  Measurements provided all the necessary data to effectively analyze the
motor/battery combination.  The temperature of the motor was also measured in order to monitor thermal
effects.  The measurements were sampled on a PC using a National Instruments 604xE board and
LabVIEW data acquisition software.  The test setup is shown in Fig. 5.2.9 with an early test motor.  A
hysteresis brake with a load cell serves as a dynamometer.  Changing the current flow through the brake
varies the load applied to the motor.
The uncertainty of the motor efficiency is a function of the uncertainty of each of the four
measurements.  An error propagation analysis was performed to quantify this uncertainty and was found
to be 6% for nominal current, voltage, torque, and speed values.  Figures 5.2.10 through 5.2.12 show test
results using an Astroflight 691 Cobalt motor with a 24-cell, 1700-mAhr battery pack.  This motor was
chosen for the final aircraft configuration.
System efficiency. System efficiency is the power put into the motor from the batteries divided by the
power output from the motor.  The efficiency and temperature of the motor test are plotted in Fig. 5.2.10
with the computed uncertainty.  As can be seen, efficiency is basically independent of temperature even
after significant heating.  This allowed the team to save the added weight of a complex cooling system,
which was originally contemplated.  A simple air intake was designed to cool the motor.
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Figure 5.2.9. The motor test setup.
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Figure 5.2.10.  Temperature dependence of efficiency.
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Characteristics Curve
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Figure 5.2.11. Characteristic curves of Astroflight 691 motor.
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Figure 5.2.12.  Motor/Battery performance characteristic curves.
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Characteristic Curves. Characteristic curves were generated from these tests showing torque, speed,
and efficiency as a function of current draw.  Figure 5.2.11 shows samples taken at discrete loads for the
same motor/battery combination at full throttle.  It can be seen that for this scenario, a peak efficiency of
70% occurs at approximately 20 amps of current.  The motor produces 0.4 ft-lbf of torque at this point and
is operating at 6000 rpm.  It is at this maximum efficiency location that we wish to operate the motor.
However, it can also be seen that the efficiency penalty for increasing the current by 10 amps is less than
10%.  Based on these curves, a propeller can be selected to give the desired thrust at these conditions.
Batteries.  The batteries were selected based on the requirement that a minimum amount of energy,
with a reasonable factor of safety, remain in the batteries at the conclusion of each mission.  The pack
must also provide adequate power to meet mission requirements.  Internal battery losses are a major
contributing factor in maximum power output.  For this reason, a balance was sought between the
number of cells and power output of the battery pack.  For a given weight of batteries, a tradeoff between
capacity and voltage was made.  The FOM for battery selection in Table 5.2.1 were based on the flight
program and test results.  With the 40 amp current limit, a 48-cell, 1700-mAhr battery pack provides more
power for a shorter period of time than a 36-cell, 2400-mAhr battery pack, yet still meets the mission
requirement for total flight time.
Battery Pack Power Weight Energy* Resistance Total
36 cells, 2400 mAhr 0 1 0 0 1
48 cells, 1700 mAhr 1 1 1 -1 2
* Excess energy left over after mission completed.
Table 5.2.1.  Figures of merit for flight battery pack.
In addition to temperature/efficiency profiles and characteristic curves, the motor tests provide
information regarding the useful life of the flight batteries. Figure 5.2.12 shows the voltage and current of
the flight battery and the torque and speed output of the flight motor.  By integrating the area under the
current curve for the one battery cycle the total charge in the batteries can be determined.  In the same
way, total useful output motor energy is obtained by integrating the product of the torque and shaft speed
over time.  Another useful battery parameter that can be obtained from these tests is the internal battery
resistance, which is given by
)#/()( ofcellsIEER mmbb ⋅−= (5.2.1)
Figure 5.2.12 shows that the voltage immediately decreases 2 volts from the no-load voltage for a 24 cell
battery pack.  With the motor drawing 8 amps, equation 5.2.1 yields an internal resistance of 10 mΩ.
Propeller.  With the motor and battery pack performance characterized, these values were put into
the power plant program used in preliminary design to reiterate on the propellers used for MDM and
SDM.  Based on best flight score, the optimal propellers dimensions for MDM and SDM are 18X18 and
20X18, respectively.
5.2.4. The Aircraft Structural System.  The aircraft’s structural design was divided into four major
categories for focus during detail design.  These are as follows; wing structure, fuselage main support,
fuselage secondary support, and aircraft assembly attachments.  Each subsystem design involved the
input of experts in R/C aircraft, machining, and composites.  Along with component testing, this
interaction of engineers and manufacturing experts helped minimize costs and redesign.
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Wing.  Based on the potential for very high accelerations in the turns of every flight, the wing structure
needs to support aerodynamic loads in excess of 140 lbf.  In order to attain the strength needed for such
loads, a very strong, light, and stiff wing was required.  The FOM used to select the final wing structure
are listed in Table 5.2.2.  Based on the selection criteria listed in Table 5.2.2, the best choice for a wing
support structure was that of a carbon composite I-beam running through a very light foam core sheeted
with balsa.  The geometry of the I-beam was engineered to provide the necessary tensile, compressive
and shear strength for the flight and wingtip test loads.  The I-beam webs were initially sized using a
model based on isotropic beam theory.  The design was then analyzed using the I-DEAS finite element
package to determine the stresses encountered at the transition region between the I-beam and the
mounting fixture.  The I-beam was modeled with thin shell elements having isotropic properties for the
shear web and orthotropic smeared properties of zero degree layers for the flanges. The model was
clamped at the attachment point and loaded with a uniform spanwise distributed load of 17.5 lbf/ft.  The
finite element model results were then verified with component testing.  Figure 5.2.13 shows the finite
element model, test article setup, and stress plots.  The test article withstood an acceptable point load of
80 pounds and failed in the same mode as predicted by the finite element model.
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Geometry Geometry
Monocoque Shell 1 0 -1 -1 -1 Monocoque Shell 1 0 -1 -1 -1
Tube -1 -1 1 0 -1 Tube -1 -1 1 0 -1
I-Beam 1 1 0 -1 1 I-Beam 1 1 0 -1 1
Box Beam 0 -1 1 0 0 Box Beam 0 -1 1 0 0
Material Material
Carbon Composite 1 1 0 1 3 Carbon Composite 1 1 0 1 3
Balsa 1 0 -1 -1 -1 Balsa 1 0 -1 -1 -1
Spruce 0 0 -1 0 -1 Spruce 0 0 -1 0 -1
7075-T6 Aluminum -1 -1 1 -1 -2 7075-T6 Aluminum -1 -1 1 -1 -2
Table 5.2.2.  Design selection matrix for wing and fuselage main support structures.
Fuselage Spar.  To meet the desired low wing configuration combined with a vertical drop deploy-
ment mechanism a straight spar could not be used. The payload must be located at or slightly aft of the
planform center of gravity of the aircraft to maintain stability after deployment.  A spar that curves over the
payload was designed to meet these requirements. During maximum projected loading the spar will need
to support a 190 ft-lbf moment. Aluminum spar designs were discarded because of a small Young’s
modulus and expensive manufacturing costs. A carbon fiber composite box beam spar was tested using
Rhoacel foam as the center. This spar failed under relatively light loading because the compressive
strength of the foam was exceeded.  Carbon fiber I-beam designs were tested with better results. The
basic design for the I-beam spar was found using curved beam theory presented in Boresi, et.al. (1993).
The web was built using eight layers of 0.010-inch unidirectional carbon fiber laid at 0, 90, 45, and -45
degree angles. The flanges were each made from six layers of the same material laid in the spanwise
direction.  The figures of merit for the final design of the fuselage spar are listed in Table 5.2.2.
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Figure 5.2.13. Clockwise from top left; finite element model, Von Mises stress results, test article failure
at 80 lbs, and test article setup.
A finite element analysis of the curved spar was performed using thin shell elements in I-DEAS.  The
flanges were modeled with orthotropic elements having smeared lamina properties.  The web was
modeled with isotropic elements, and the model was restrained with plane symmetric boundary
conditions.  A point load of 80 lbf was placed 26 in out from the plane of symmetry.  This point
corresponds to the wing center of lift.  Stiff beams were used to transfer the applied point load to the end
of the spar.  The finite model predicted a buckling failure at a 116-lbf load and the test specimen failed at
125 lbf (Fig. 5.2.14).  This is less than the required load, so the flanges will be widened in the transition
region to provide greater torsional stiffness and increase the buckling factor of safety.
Fuselage Structure. The fuselage structure design is based on the need to provide attachments for
the many components required to complete the mission and provide adequate strength to support them
throughout the entire flight with a minimum weight penalty.  Another important consideration is the access
that the structure provides to critical components, such as batteries and servos, for repair or replacement.
The fuselage selection matrix in Table 5.2.3 shows the criteria used to determine the general structure of
the fuselage.  The best choice for the fuselage design is a blended body.
Aircraft Assembly Attachments.  The aircraft must fit inside a 4 ft X 2 ft X 1 ft box and be assembled
in as little time as possible.  This requires that the airframe be modular and easily assembled.  Because
of the short empennage, the only parts of the aircraft that need to be assembled at the competition are
the tips of the tail feathers and the wings.
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Figure 5.2.14.  Clockwise from top left;  Finite element model, buckling failure mode, stress plot, buckled
truss at transition to mounting block, test setup.
Fuselage Geometry Drag Weight Manufacturability Cost Total
Blended Body 1 1 -1 0 1
Lifting Body 0 0 -1 0 -1
Rectangular -1 -1 1 1 0
Material
Balsa Builtup 1 1 -1 0 1
Glass Shell 1 0 -1 -1 -1
Foam Core/Balsa 0 -1 0 1 0
Table 5.2.3.  Design selection matrix for fuselage structure.
5.2.5.  The Payload Support and Deployment System.  In order to meet the requirements for MDM
and SDM, methods for carrying the missile decoy cylinder and deploying the five pound payload are
necessary.  To carry the missile decoy cylinder, a small sting attaches the cylinder to the top of the
aircraft at the center of gravity.  The advantage of this location is that the positive pitching moment it
creates reduces the negative lift needed by the horizontal stabilizer to trim the airplane.  The possible
disadvantage is the turbulent wake that it produces, which shadows a portion of the vertical stabilizer.
Because of the unpredictable nature of the wake, test flights will help address the influence of the cylinder
on handling characteristics.  As for the payload deployment, Figure 5.2.15 shows how the payload is
captured by pushrods going thru bearing plates attached at the front and rear of the payload.  When
released, the payload slides down an attatched rail through a spring-loaded trapdoor.
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Figure 5.2.15.  Deployment mechanism.
5.2.6.  Landing Gear.  Considerations for the landing gear design were based on drag, ground
handling, weight, stopping ability, and compatibility with a rapid payload deployment system.  Both
stopping ability, and compatibility with a rapid payload deployment system have an effect on mission-
effectiveness through the time required to stop and deploy the payload during the SDM.  Table 5.2.4
shows the decision matrix used for choosing the landing gear.  Based on these results, Robart retracts
with BVM Jets proportional brakes were selected.
Landing Gear Drag Handling Weight Time Cost Total
Weighting Factor 3 1 1 2 1
Fixed Tail Dragger, no brakes 0 -1 0 -1 1 -2
Fixed Tail Dragger, brakes 0 -1 0 0 -1 -2
Retractable Tail Dragger, no brakes 1 -1 -1 -1 0 -1
Retractable Tail Dragger, brakes 1 -1 -1 0 -1 0
Fixed Tricycle, no brakes -1 0 -1 0 1 -3
Fixed Tricycle, brakes -1 0 -1 1 -1 -3
Retractable Tricycle, no brakes 1 0 0 0 0 3
Retractable Tricycle, brakes 1 0 0 1 -1 4
Table 5.2.4.  Landing gear selection matrix.
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5.3. Final Aircraft Specifications
Given the detail design decisions laid out previously, the final design for Utah State University’s
competition aircraft is given in Table 5.3.1.
Geometry Value
Length, (ft) 4.58
Span, (ft) 9.83
Height, (ft) 1.5
Wing Area, (ft2) 8.85
Aspect Ratio 10.92
Horizontal Stabilizer Volume, ( ft3) 3.06
Elevator Volume, (ft3) 1.35
Vertical Stabilizer Volume, (ft3) 1.01
Rudder Volume, (ft3) 1.09
Ailerons Volume, (ft3) 5.4
Main Wing Airfoil, (ft) Eppler 584
Horizontal/ Vertical Stabilizer NACA 0009
Weight Statement Value
Airframe, (lbf) 9.6
Propulsion System, (lbf) 7.5
Control System, (lbf) 0.75
Payload, (lbf) 5 & 5.75
Manufactures Empty Weight (MEW), (lbf) 17.85
Gross Weight, (lbf) 22.85 & 24.35
Systems Details
Radio 10 Channel JR 10X
Servos 6 X Hitec NES 517
Speed Controller 1 X Astroflight 204D
Battery Configuration 48X1700-mAhr Diversity Model Aircraft
Motor 1 X Astroflight 691
Gear Ratio 1:1
Propeller(s) (nominal) Bolly 18X18 or 20X18
Brakes BVM Jets #5688
Landing Gear Robart #630, #640
Table 5.3.1.  Geometry and weight statement.
5.3.1. Drawing Package.  The following assembly drawing package does not include the full set of
manufacturing prints that was used to build the aircraft.  The assembly drawings include:
Zephyr Top Assembly .................................................................... page 44
Fuselage Frame Assembly ............................................................ page 45
Fuselage Assembly........................................................................ page 46
Left Wing Assembly ....................................................................... page 47
Stowed Configuration..................................................................... page 48
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35
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51 1 DBF03-080 MAIN GEAR DOOR LEFT
52 1 DBF03-081 MAIN GEAR DOOR RIGHT
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5.3.2. Rated Aircraft Cost Calculation.  As required by the contest rules, a detailed rated aircraft
cost worksheet is included in Table 5.3.2.  These values represent the design as presented in this report.
Value Computation Cost (k$)
MEW 17.85 lbf 0.1 k$/lbf(MEW) 1.785
REP (lbf)
    Number Engines (Ne) 1 [1+.25(Ne-1)]Wb 5.0
    Battery Weight (Wb) 5.0 lbf 1.5 k$/lbf(REP) 7.500
MFHR (hrs)
    Wingspan (bw) 9.83 ft 8 hrs/ft(bw) 78.6
    Max Chord (cmax) 0.9 ft 8 hrs/ft(cmax) 7.2
    Wing Control Surfaces (Nwcs) 2 3 hrs/surface(Nwcs) 6.0
    Fuselage Length (lmax) 4.58 ft 10 hrs/ft(lmax) 45.8
    Vertical Surfaces (Nvs) 0 5 hrs/surface(Nvs) 0.0
    Vert. Control Surfaces (Nvcs) 1 10 hrs/surface(Nvcs) 10.0
    Horiz. Control Surfaces (Nhcs) 1 10 hrs/surface(Nhcs) 10.0
    Servo/Controllers (Nsc) 7 5 hrs/servo(Nsc) 35.0
    Number Engines (Ne) 1 5 hrs/engine(Ne) 5.0
    Number Propeller (Np) 1 5 hrs/engine(Np) 5.0
    Total MFHR 0.02 k$/hr(MFHR) 202.7 4.053
RAC 13.338
Table 5.3.2.  Rated Aircraft Cost computations for the final aircraft, as designed.
5.4. Final Aircraft Performance Analysis
With a final aircraft geometry and weight determined and the flight speeds and maneuvers known, the
method of Phillips and Snyder (2000) was used to determine the flight characteristics of the aircraft.
5.4.1. Aerodynamic Coefficients and Derivatives.  Using the method of Phillips and Snyder (2000),
all of the aircraft’s stability, control, and damping derivatives were calculated for takeoff, cruise, and
turning flight.  Table 5.4.1 lists the derivates for cruising flight.
5.4.2. Static Stability.  The most common measure of an aircraft’s flight stability is static margin.  For
the design presented, the static margin over the lift coefficient range that will be encountered in level flight
is shown in Fig. 5.4.1.  These values include the influence of the propeller and fuselage.
5.4.3. Dynamic Stability. In order to characterize the flying qualities of the aircraft, a complete
dynamic stability analysis was performed.  This was done using the method of Phillips and Snyder (2000)
to compute the stability and damping derivatives.  An original code was used to compute the five dynamic
stability modes as shown in Table 5.4.2.  All calculations included the contribution of the propeller and
fuselage.  This analysis revealed a divergent spiral mode with a very short doubling time during takeoff.
This is usually attributed to excessive yaw stability.  The original vertical stabilizer was sized to have a
yaw stiffness in the range of 0.06.  With such a short aircraft and a large aspect ratio wing, these values
were overly stiff.  In order to alleviate this problem, the vertical stabilizer was reduced in size by over 25%.
This design change increased the spiral mode doubling time, reduced weight and drag, and simplified the
design.
50
Stability Derivatives Control Derivatives Damping Derivatives
α,LC 5.8665 aLC δ, 0.0000 pLC , 0.0000
α,DC 0.0349 aDC δ, 0.0000 pDC , 0.0000
α,LC 0.0000 aYC δ, -0.0284 pYC , -0.0613
α,lC 0.0000 aC δ,l -0.5349 pC ,l -0.6827
α,mC -1.3394 amC δ, 0.0000 pmC , 0.0000
α,nC -0.0034 anC δ, 0.0347 pnC , 0.0261
β,LC 0.0000 eLC δ, 0.5608 qLC , 4.0333
β,DC 0.0000 eDC δ, -0.0145 qDC , 0.1122
β,YC -0.2306 eYC δ, 0.0000 qYC , 0.0000
β,lC -0.0350 eC δ,l 0.0000 qC ,l 0.0000
β,mC 0.0000 emC δ, -1.3207 qmC , -8.5377
β,nC 0.0421 enC δ, 0.0000 qnC , 0.0000
αˆ,mC -2.7262 rLC δ, 0.0000 rLC , 0.0000
αˆ,LC -1.1483 rDC δ, 0.0000 rDC , 0.0000
  rYC δ, 0.1471 rYC , 0.0931
  rC δ,l 0.0086 rC ,l 0.0910
  rmC δ, 0.0000 rmC , 0.0000
  rnC δ, -0.3500 rnC , -0.0312
 Table 5.4.1.  Aircraft aerodynamic derivatives for cruising flight.
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Figure 5.4.1.  Aircraft static margin as a function of lift coefficient.
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Short
Damping 
Rate (1/sec) ωn (1/sec) ωd (1/sec) Period (sec) ζ
99% Damping / 
Doubling Time (sec)
Takeoff 4.1661 6.3049 4.7324 1.3277 0.6608 1.1054
Cruise 12.7388 20.0834 15.5263 0.4047 0.6343 0.3615
Turn (5g) 12.7422 20.0501 15.4804 0.4059 0.6355 0.3614
Phugoid
Takeoff -0.0045 153.2080
Cruise 0.0451 0.3193 0.3161 19.8758 0.1414 102.0050
Turn (5g) -0.0063 109.8680
Roll
Takeoff 13.3633 2.232E-08 -4.11E-08 0.3446
Cruise 43.2992 8.212E-06 1.87E-04 0.1064
Turn (5g) 12.7422 20.0501 0.6355 0.3614
Spiral
Takeoff -0.2773 2.4992
Cruise -0.0220 31.5224
Turn (5g) -0.0063 109.8540
Dutch Roll
Takeoff 0.8381 2.5219 2.3785 2.6417 0.3324 5.4945
Cruise 0.8322 6.8578 6.8071 0.9230 0.1214 5.5335
Turn (5g) 0.8091 6.8100 6.7618 0.9292 0.1188 5.6916
Table 5.4.2. Dynamic stability modes of final aircraft for critical operating conditions
5.4.4.  Predicted Performance.  The predicted performance of the aircraft for MDM and SDM are
given in Table 5.4.3.  Based on the flight model developed, MDM and SDM flight scores have a combined
flight score of 0.90.  Assuming an assembly time of 30 seconds and a generous report score of 100 the
score for Utah State University’s entry would be 6.748.
Aircraft Performance  MDM SDM Loaded SDM Empty
Takeoff Distance (ft) 115.8 100.8 68.3
 Time (s) 4.7 4.1 2.9
Landing Distance (ft) 165.5 161.6 124.0
 Time (s) 5.2 5.2 4.6
Maximum Climb Rate (ft/min) 726 786 834
Turning Load Factor (g's) 8.0 8.0 8.0
 Rate (deg/sec) 134.8 111.4 104.2
 Radius (ft) 46.1 67.6 77.3
Flight Stall (ft/sec) 36.3 35.4 31.1
Speeds Cruise (ft/sec) 108.5 131.4 140.5
Max Lift Coefficient  1.6 1.6 1.6
L/D Max 18.1 27.3 27.3
 Cruise 4.4 6.1 5.5
Flight Time (min) 1.81 1.97
 Score 0.526 0.377
Total Flight Score  0.903 SCORE 6.748
Table 5.4.3.  Predicted aircraft performance for competition.
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6. MANUFACTURING PLAN
A primary concern in the design process is the fact that the resulting aircraft must be manufactured in
a relatively short period of time, with a limited amount of resources. Manufacturability was considered
throughout the design process. To best meet design requirements, the aircraft must be constructed using
the best combination of materials and manufacturing processes. To achieve these goals an outline was
created to guide manufacturing decisions. This plan defines manufacturing figures of merit, analytical
methods for comparison and lead-time prediction, and a schedule.
6.1. Figures of Merit
A list of FOM was prepared for the manufacturing plan. These factors were used to quantitatively
compare the manufacturing options and provide a basis for the optimum selection of materials and
processes.  Decisions were made more objectively using the FOM when choosing the manufacturing
processes for various components of the aircraft.  The list was designed to aid in the elimination of
construction techniques that would be too costly, too time consuming, too difficult to realize or adversely
affect the competition score.  The figures of merit are as follows:
6.1.1. Availability of Materials (AOM).  An obvious limiting factor to the choice of any manufacturing
process is the availability of the material or equipment required to carry out that process.  If access could
not be gained to necessary materials or machinery, the process received a –1.  If lead times were long or
access was difficult the process received a 0.  If everything necessary was readily attainable the process
received a 1.
6.1.2. Required Skill Level (RSL). Many manufacturing processes require extensive training and
skill to execute effectively. If a process was beyond the expertise available, it received a –1.  If the skills
required to complete a process were available, but limited, it received a 0.  If the expertise to carry out the
process was readily available, it received a 1.
6.1.3. Time Required (TMR).  A little more than a month is scheduled to build and test the aircraft.  If
a process required a time period of two weeks or more, it was given a –1.  If a process could be
completed within a four-day to two-week period, it was given a 0.  Any process that could be realized in
four days or less was given a 1.
6.1.4. Strength and Reliability (SAR). It was essential that each process reliably produce
components that met the aircraft’s design and strength requirements.  If a process was undependable
and thus unable to produce desirable components it was given a score of –1.   If a process’ reliability was
questionable it was issued a 0.  If a process could reliably produce quality components it was given a 1.
6.1.5. Actual Component Cost (ACC). A relatively tight budget limited the cost of the final aircraft
and individual team members were required to raise the funds necessary for its construction.  While the
actual cost of manufacturing will not affect the final score, it will affect the team’s ability to complete the
project. Manufacturing processes that were beyond the financial means available received a –1.  Any
process considered costly but within the budget received a 0. If a process was inexpensive or donated
free of charge it received a 1.
6.1.6. Estimated Component Weight (ECW). The weight that a component adds to the aircraft is
detrimental in terms of performance and RAC. For purposes of optimization each process available was
compared in terms of the estimate weight of the component built with that process. The processes were
scored from lightest to heaviest with 1, 0, -1.
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6.2 Manufacturing Processes Investigated
In a process parallel with the design of aircraft components, potential materials and construction
methods were researched and analyzed.  Though many manufacturing choices were immediately ruled
out, some manufacturing options could not be finalized until the very end of detail design. Several of the
most important choices were made concerning the wings, empennage, and fuselage.
6.2.1. Wings.  The best initial option for the high load factor wing seemed to be the use of a carbon
fiber structure and several full-scale wings were built and tested.  A full-scale carbon fiber covered
Rohacell foam wing and a carbon fiber covered built-up balsa wing were tested. Quality carbon fiber skin
structures proved to be difficult to build without very costly tooling.  Several designs utilizing a wing spar
were also considered. Designs had to incorporate a non-permanent wing joiner mechanism. Mechanisms
consisting of one or more plug-in spar pieces of varying cross-sectional shape were investigated.
Materials analyzed for each joiner included carbon fiber composites, steels, titanium, and aluminum.
6.2.2. Empennage.  Preliminary empennage designs consisted of several boom-mounted and plate-
mounted detachable structures. Stability requirements and fuselage geometry made the use of an integral
tail boom advantageous. The tail feathers themselves were to be either built-up balsa, balsa skinned
foam, or composite skinned foam.
6.2.3. Fuselage. The primary fuselage structure had to be constructed of either built-up balsa, balsa
sheeted foam, or glass sheeted foam due to limited resources and experience. Critical secondary
structures such as the fuselage spar, the motor and landing gear mounts, and the drop mechanism could
be manufactured by different methods. Various aluminum, steel, and carbon-fiber geometries were
considered for use in the fuselage spar and landing gear mounts.  Metallic designs requiring welding,
heat-treating, machining, and/or casting operations were all examined and compared.
6.3 Analytic Methods Used
Materials and processes to be used in building an aircraft must be properly compared using
quantifiable ratings. Each FOM was given a weighting value that was indicative of its importance. Scores
were given to each process based on the FOM. The RSL scores were based on Table 6.3.1. This table
lists the number of team members that have skills in each of the processes considered. Table 6.3.2.
illustrates how the FOM chosen were used to determine the methods and materials to be used for the
aircraft.
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Table 6.3.1.  Skill matrix displaying the number of team members possessing required skills.
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Weighting Factor 2 1 2 2 1 3  
Foam Core w/ Composite Skin 0 -1 -1 1 -1 -1 -5
Foam Wing w/Spar and Balsa Skin 1 0 1 0 1 1 8
Ribbed Balsa Build-up w/ Composite Skin 0 0 0 1 -1 0 1
Wings and Empennage
Ribbed Spar Structure w/ Balsa Skin 1 -1 0 0 1 1 5
Cylindrical Composite Spar 0 -1 0 1 0 0 1
Composite I-beam 0 0 0 1 0 1 5Wing Spar
Aluminum Tube 1 -1 1 1 0 -1 2
Aluminum Truss 1 -1 0 1 -1 0 2
Composite I-beam 0 0 0 0 1 1 4Fuselage Spar
Composite Box Beam w/ Foam Core 0 0 0 -1 1 0 -1
Balsa and Plywood Build-up 1 1 0 1 1 0 6
Foam Core w/ Balsa Skin 1 -1 1 0 1 0 4Fuselage Frame
Foam Core w/ Fiberglass Sheeting 1 -1 0 0 0 0 1
Foam w/ Balsa Skin 1 0 -1 1 1 1 6
Foam w/ Fiberglass Sheeting 1 0 -1 1 0 0 2
Balsa Build-up w/ Balsa Strips for Skin 1 -1 -1 1 1 1 5
Fuselage/WingTransistion
Section
Balsa Build-up w/ Composite Skin 0 -1 -1 1 1 1 3
Table 6.3.2. Manufacturing processes considered for each of the major components of the aircraft
6.3.1. Critical Path. During a production process, dependencies always exist between steps.
Recognizing these dependencies is essential to minimizing the production time. The critical path method
of Walker (1999) was used to determine these dependencies and estimate the time required to build the
aircraft from start to finish. This method determines which processes must be done on time to not delay
the end date.  It also finds which processes have slack time and how much. It can find processes that can
be done in parallel that may not have been obvious. An example of this method is shown in Fig. 6.3.1,
which shows a spanning tree that contains all of the necessary processes to build the wings. The process
description and dependencies are outlined in Table 6.3.3.
Process Description Dependencies Time Est. (man-hr)
A Hot-Wire the Foam Core. - 3
B Build Joiner Blocks. - 4
C Build Composite Spar B 8
D Assemble Spar and Wing Core A, C 3
E Place Control Linkages D 3
F Carve the Leading Edge - 3
G Glue Balsa Into Sheets - 2
H Carve Wing Tips - 3
I Glue Skin in Place E, G 2
J Carve openings and Place Servos I 3
K Attach Tips H, I 1
L Attach the Leading Edge F, I 1
M Sand and Apply Monokote to Skin J, K, L 4
Table 6.3.3. Required processes for wing construction and dependencies for each step.
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Figure 6.3.1. Critical path spanning tree, depicting necessary steps in the wing construction.  Arrows
indicate steps and circles mark start and end points. The critical path is marked in red. The
values in the boxes indicate when the next step can be started and when the preceding
step must be finished to not delay final completion. The dotted arrows indicate multiple
dependencies preceding a step.
6.4 Processes Selected for Manufacture of Major Components
After selection of the optimum manufacturing processes, a detailed plan was prepared describing
how these processes will be implemented in the construction of the major components of the aircraft.
6.4.1. Wing.  The wings will be built of a foam core and a balsa skin. The process that will be used to
build the wing was implemented by previous DBF teams. The foam is shaped using a “hot wire”. The
shape of the airfoil is cut using aluminum templates machined on a CNC mill. Channels in the foam made
at this point and the linkages that control the twisterons will be placed. The skin is made from 4x48 in
sheets of 1/16-in balsa. The sheets are trimmed to produce a flat edge and then a thin coat of CA glue is
used to bond them edge-to-edge. The foam is then coated with a thin coat of slow cure epoxy and the
skin is applied. Because the shape of the leading edge and the wingtips are critical to aerodynamic
performance they will be carved from balsa and glued to the foam. Openings are then cut for the servos.
The balsa is then lightly sanded before a layer of Monokote is applied. The control surfaces will then be
cut out of the wing with a straight edge and a razor. They will be hinged on top with a strip of fiberglass
tape bonded between the balsa and the foam.
 A carbon fiber composite Ι-beam design was chosen to serve as the wing spar. 4 ft sections of 1 1/4-
in square steel tubing will be used as molds. The forms will be wrapped with peel ply material to aid in the
removal of the forms from the spar. A sheet will then be constructed consisting of four layers of 0.010-in
unidirectional carbon composite (CC) laid at angles of 0, 90, 45 and -45 degrees. Two 1.75x48-in strips
will be cut from this sheet. These two strips will then be placed face to face and then clamped between
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the forms. The excess material in each sheet will then be folded back onto the top and bottom of the
forms making the I-shaped web. The flanges, which are composed of a varying number of uni-directional
lamina, will then be laid on the top and bottom of the web and clamped via two more steel molds.
A 1 1/8-in outer diameter 7075-T6 aluminum tube will be used to transfer the wing loads from the
wing spar to the fuselage spar. The connection tube will be machined to precisely fit into spar end blocks
of machined glass phenolic. The end blocks are 1 1/4 x 1 1/4 inches along the cross-section with a 1 1/8
inch diameter hole bored to a depth of 2.0 in. The blocks are tapered on the opposite end for transition
into the web of the spar. The end blocks are sandwiched between the two strips of the web and the
flanges. The assembled beam is then wrapped in a layer of shrink-tape and cured.
6.4.2. Empennage.  The vertical and horizontal stabilizers will be hot-wired foam cores with balsa
skins.  The elliptic tips on the horizontal stabilizer will be carved from solid balsa. Both stabilizers will be
built to their full span and covered with Monokote. Then the control surface hinges and removable
sections will be cut out. Both control surface hinges must allow deflection of 90 degrees for storage. An
aluminum piano style hinge will be used for the rudder to allow for equal deflection in both directions. The
elevator will be hinged with tape on the bottom side. Here, the bottom surface must be smooth since the
elevator deflections will usually be up.
6.4.3. Fuselage. The fuselage will be a classic built-up balsa construction. In a jig, balsa and plywood
bulkheads will be glued to four full-length longerons and two full-length balsa sheets. The balsa sheets
form the sides of the rectangular structure, which will later be blended into the wing with the fairing.  The
carbon fiber fuselage spar and other structural components will be joined to the bulkheads and the
sheeted sides.  Once landing gear, release mechanism, and control hardware are installed, the top and
bottom of the fuselage box will be covered with balsa sheets. A portion of both the horizontal and vertical
tail is permanently attached to the fuselage.  After the fairing is attached the entire structure, except the
tail feathers, will be covered with 2 oz. glass cloth, filled, polished, and painted.
A carbon fiber composite Ι-beam design was also chosen for the curved fuselage spar. This spar will
be built in the same way as the wing spar with a few differences. The curved forms will be cut from
particle board which will be broken if necessary to remove them from the spar after curing. The two
sheets of the shear web will be cut from the four-lamina web sheet to the shape of the forms by laying the
forms on the sheet and using a gauging block to keep the knife blade the correct distance from the forms.
Relief cuts must be made in the flange attachments before it is folded back to accommodate the curves.
The curved spar must be clamped between two molds and the end blocks must be fixed during cure to
ensure proper alignment of the wings.
Making a smooth transition from the wing into the fuselage is critical to reducing drag. However the
complex curves designed to accommodate this transition are difficult to build. It was this difficulty that
necessitated the use of a foam core with a fiberglass skin. Table 6.3.2. shows that for other areas of the
aircraft, the balsa skin has usually been chosen because of the ECW. But in this case the geometry is so
complex that an easier and quicker method had to be used. The foam will be hand shaped using a hot
wire. Then a layer of 2 oz fiberglass cloth will be applied and painted.
6.5 Manufacturing Milestones
An integral part of the manufacturing plan is the schedule.  Figure 6.5.1 lists the major components of
the aircraft and the time periods over which they are to be built and tested. Milestones and time allotted
for the building and testing of the aircraft are outlined with horizontal bars. The blue bars represent the
planned schedule while the pink bars show the time periods over which the events actually occurred.
57
Figure 6.5.1 Manufacturing schedule.
7. TESTING PLAN
Testing is vital to the development of the design of the aircraft and to the formulation of the
manufacturing plan.  Questionable analytical data is either confirmed or refuted, and new designs are
proven, or shown to be deficient. The following testing plan is devised to ensure that the overall analysis
was as accurate as possible, to identify possible design flaws or manufacturing oversights, and to tweak
the aircraft so as to make its performance as efficient as possible.
7.1 Test Objectives and Schedule
Components of the design requiring testing were identified and a schedule was set forth.  Table 7.1.1
lists the various tests and their objectives, as well as the dates during which they occurred or will occur.
Test Objective Dates
Antenna Drag Test  Find drag created by the mock antenna used in MDM 9/02-11/02
Motor/Battery Test Collect motor and battery performance data 9/02-12/02
Wing Structure Test Investigate strengths and weights of various wing structures 9/02-1/03
Spar Test Ascertain the strengths and weights of wing and fuselage spars 1/03-2/03
Final Motor/
Battery Test
Determine motor characteristics and optimize the motor and
batteries to specific mission requirements
12/02-2/03
Flight Tests Confirm or disprove the performance and stability predicted for
the aircraft and fine-tune its performance
3/03-4/03
Table 7.1.1. Test objectives and schedule
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7.2. Flight Testing Checklists
The success of the design depends on the thoroughness and careful execution of the flight tests.  A
pre-flight checklist (see Table 7.2.1) was developed to accompany the flight-testing checklist.  The pre-
flight tests are designed to identify structural fatigue or carelessness in assembly of the aircraft and are to
be performed before each flight.  The flight testing checklist was designed to methodically monitor the
performance of the aircraft through a wide range of flight conditions and was divided into six segments;
static thrust test, taxi test, first flight, first sortie, second sortie, and third sortie (see Table 7.2.2).
The static thrust test will be performed by attaching a spring scale to the rear of the aircraft while at
full-throttle.  This test will measure the static thrust generated by the propeller.  The thrust data will serve
to fine tune the analytical model and allow for more accurate propeller selection.
Low and high-speed taxi tests will demonstrate aircraft controllability on the ground, while the first
flight will assess the controllability and stability of the aircraft through gentle maneuvers in the air.
During the first sortie, low to high-speed maneuvers, including stall and tight radius turning, will be
used to assess the yaw stability of the aircraft.  If the pilot feels that the aircraft has too much yaw-
stability, one inch will be removed from the tip of the vertical stabilizer.  Completion of the first sortie will
occur once the shortest possible vertical tail span is found without compromising stability of the aircraft.
The second sortie will be used to test the total performance of the aircraft.  A radar gun will be used to
measure maximum and minimum flight velocities.  Take-off distances and turning radii will be measured
for both mission configurations and compared to predicted values.  Wingspan, propeller selection, and
battery packs might all be modified due to the results of these tests.  This series of tests has been
designed to improve the aerodynamic qualities and test the integrity of the aircraft.
The third sortie will consist of competition simulation.  Competition tasks will be reproduced to provide
practice and experience for the pilot and team.  Areas of improvement will be identified and competition
skills will be polished.  The payload deployment mechanism will be tested extensively as well.
Weight and Balance-C.G. location ( ≤ 2” behind ¼ chord of main wing)
Control Surfaces/Linkage Flaperons Elevator Rudder Nose Gear
   -Linkages/Clevises properly attached?
   -Hinge integrity?  (Tug firmly at control surface.)
   -Proper deflection direction and trim location?
Motor Mount-18 lb longitudinal load?
Landing Gear/Brake
   -Air Pressure at 60 psi?
   -Proper retract/deploy of gear and use of brakes?
   -Leak check?
Wing Tip Test-Aircraft loaded +35 lb and lifted from wing tips w/o structural damage?
Payload Security Test- Payload loaded to 30 lbs. w/o failure of mechanism?
Range Test- W/ collapsed antennae, no chatter/interference at 50’, w/ motor on and off?
Fail-Safe- Tx off, elevator full up, flaperons/rudder full right, throttle off, payload in place?
Miscellaneous-Verify all components secured to aircraft and fasteners tight w/ locktite.
Table 7.2.1. Pre-flight checklist.  All tests must be completed successfully before each flight.
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(3/31) Static Thrust Test-Readings from spring scale at full throttle (lbf):                   ,                  .            
Concerns:
(3/31) Taxi Tests-Sufficient control of aircraft while taxiing at low velocities?
                            -Sufficient control of aircraft at speeds nearing the rotation velocity?
Concerns:
(3/31) First Flight- Sufficient control of aircraft through majority of operating conditions?
Concerns:
(4/1) First Sortie-Sufficient yaw stability throughout flight realm (including stall and high-g turns)?
    -If yes, remove 1” from vertical stabilizer.
     (Continue shortening vertical stabilizer until min. tail height is found without sacrificing yaw stability.)
Concerns:
(4/2-4/4) Second Sortie-Test performance of aircraft:
    Take off distance:                      Maximum Flight Velocity:                      Stall Speed:                          .
    Take off velocity:                       Turn Radius:                                          Landing Distance:                 .
 Suggested Aerodynamic Improvements:
(4/5-4/19) Third Sortie-Competition Simulation:
           MDM Flight Times:                           SDM Flight Times:                 .
Setbacks and Suggested Improvements:
Table 7.2.2. Flight testing checklist and schedule.  Tests must be successfully completed sequentially.
7.3. Summary of Test Results and Lessons Learned
As each individual test was completed its results were analyzed and used to improve the design.  The
lessons learned through the testing plan thus far have been invaluable.  Published values for cylinder
drag and motor and battery performance were found to be highly idealized.  Structural testing of mock
wings and spars greatly influenced the evolution of the design of the wings and parts of the fuselage.
Table 7.3.1 outlines the testing results and the knowledge gained through those tests.
Test Test Results and Lessons Learned
Antennae Drag  Drag coefficient found to be 67% higher than published values (White 1999)
Motor/Battery
Test
Battery resistance 300% higher than the manufacturer’s listing. Battery capacity was
110% of the manufacturer’s listing.  Motor torque 85% of the manufacturer’s listing.
Peak motor efficiency was 70%, 9% below manufacturer’s listing.
Wing Structure
Test
All wings tested were strong enough to withstand flight loads.
Composite skin wings were heavy and difficult to manufacture.
Built-up balsa wings with composite spars were light but difficult to manufacture.
Balsa/foam core wings with composite spars were light and easy to manufacture.
Spar Test Fuselage and wing spars failed near loads predicted by F.E. analysis.
Final Motor/
Battery Test
Motor efficiency was independent of temperature, even after significant heating.
Motor torque at max efficiency was found, and propellers were matched accordingly.
18x18 and 20x18 propellers were selected for use in MDM and SDM respectively.
The 48 cell 1700 mAhr battery pack provided the best overall performance.
Table 7.3.1. Summary of test results and lessons learned.
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